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Chapter 1 Introduction

1 INTRODUCTION

Composite materials have been increasingly used in aerospace applications over the last three
decades. The use of composite materials is very attractive because of their outstanding strength,
stiffness, and light-weight properties. An additional advantage of using composites is the ability to
tailor the stiffness and strength to specific design loads. But the fulfilment of these advantages is
often compromised by certification constraints that, due to the lack of knowledge about the real
mechanical behaviour of composite structures during their operative life, are more restrictive and
conservative than those ones of metallic materials. The traditional design approach applied by the
civil aircraft manufacturers, in order to satisfy the current certification requirements of composite
structures (EASA AMC 20-29, [1]), is prevalently based on

- First Ply Failure criteria (FPF),

- no damage growth,

- no-buckling onset up to the ultimate design loads,

- eftc.

Due to the high sensitivity to damage and defects, in particular low energy impact damage (BVID,
Barely Visible Impact Damage), the full potential of composite materials is not exploited resulting
in increased structural mass.

New appropriate design approaches and criteria are necessary in order to exploit the effective
potential and benefits of composite materials for aircraft applications. Investigations on the
buckling and post-buckling behaviour, damage onset and its propagation, and investigations also on
the possible benefits of using Structural Health Monitoring (SHM) systems, are important issues to
assure at the same time the structural integrity of this kind of structures and significant weight
reductions, with respect to the composite structures obtained by the traditional design.

Currently there is a wide consciousness of the conservatisms of the traditional design, and this work
has been focused on the evaluation of the amount of the weight reduction potentially achievable

releasing the traditional limitations and constraints of the traditional design.

The objective of this work is the investigation of a new design methodology for the design of
composite stiffened panels aiming to reduce the conservatisms of the traditional design and to
obtain lighter structures respect to the current ones. This methodology is based on the assumption of
the presence of SHM systems, and on the application of the progressive failure analysis (PFA)

methodology, that can allow to release some of the traditional design criteria.
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With reference to a typical regional aircraft wing box (EASA CS-25, [2]), it has been evaluated the
benefit on the weight reduction achievable by redesigning, under compressive load, two stiffened
panels representative of the upper skin of the wing box (at wing root and toward the wing tip),
releasing some of the conservatisms of the traditional design, because resolved by SHM systems.
The identification of the design variables that more affect the weight saving, and definition of the
design requirements for the SHM systems, have been performed.

The PFA has been applied in order to evaluate the actual residual strength, under compressive load,
of impact damaged stiffened panels, considering several discrete damage models with the full
mechanical strength properties of the material. The results of these analyses have been compared
with those ones of the traditional design; the latter is based on the FPF criteria and on the use of
material design allowables degraded because of BVID evaluated at coupon level (panel wholly
damaged). A simplified design approach, based on the equivalence between the BVID and the hole
6.35 mm (1/4 inch) in diameter, as suggested by industrial guidelines for the preliminary design, has
been investigated. All the numerical activities of this study have been supported and verified by
correlation with experimental results of CAI (Compression After Impact) tests. In conclusion, in
order to assess the real degradation of the load carrying capability at panel level in the presence of
BVID, the impact damage induced on CAI coupon has been substituted to an equivalent portion of
the skin of a stiffened panel. These analyses have had the scope to evaluate the benefits of a design

allowable obtained at panel level rather than at coupon level.

In the following, a short description of the content of each chapter is reported:

Chapter 2
This chapter provides an overview of the current traditional design practises and criticalities related
to the design of composite structures, and illustrates the features of the new design approaches

performed in this work.

Chapter 3
This chapter illustrates the weight reduction that is potentially achievable by designing the wing
stiffened panels by using the information given by SHM systems, and furnishes the design

requirements for this kind of systems.
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Chapter 4

This chapter provides an overview of the progressive failure analysis methodology.

Chapter 5

This chapter provides the results of the PFA performed on the stiffened panels by using discrete
damage models. Discrete damages, simulated by holes 1/4 inch in diameter, have been introduced
in the skin of the panels keeping the mechanical strength properties of the material without
degradation for BVID, in contrast to the traditional design that is based on the assumption of the
whole panel uniformly damaged by applying a knock-down factor for BVID to the material strength
properties. Two panels have been considered: one critical at strength and the other one with a

buckling load lower than the failure load (post-buckling regime).

Chapter 6

In order to verify the equivalence between the hole 1/4 inch in diameter and the BVID, this chapter
provides, for two selected laminates, the results of CAI tests for different impact energy levels, and
the results of the compression tests executed on coupons of the same geometry of CAI ones but
with the central hole 1/4 inch in diameter.

Moreover the hole equivalent to the BVID has been evaluated numerically by the PFA.

Chapter 7
This chapter provides the results of the design approach performed by substituting the impacted
CAI coupon to an equivalent portion of the skin of a stiffened panel. These results have been

compared to those ones obtained by the traditional design.

Chapter 8

This chapter summarises the conclusions of the work and suggests future activities.

The activities hereafter reported have been basically performed at the Italian Aerospace Research
Centre (CIRA), where the author is employed in the field of the structural design and stress analysis
of composite aerospace structures, and with the collaboration, advice and support of the University

“Federico II” that hosted the Ph.D. period.
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2 TRADITIONAL AND NEW DESIGN APPROACHES FOR COMPOSITE
STRUCTURES

This chapter provides a summary of the current traditional design practises and criticalities related
to the design of composite structures, and illustrates the key features of new design approaches
performed in this work finalised to a low weight design of this kind of structures, through the use of
information given by SHM systems (Structural Health Monitoring), the application of progressive

failure analysis methodology, and the realising of some traditional design criteria.

2.1 Current design practise and criticalities

The use of composite materials in aircraft structures is mainly dictated by the need to achieve
lighter structures and less expensive than the aluminium ones. Never in the history of civil aviation

so many composite materials have been used on an airplane as in the last decade, Figure 1.
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Figure 1: percentage of composite materials on airplanes

But the goal of the low weight reduction, particularly for primary structures, is compromised by
certification requirement constraints that are more restrictive than those applicable to metal
structures. This conservatism is principally attributable to the incomplete knowledge of the actual

mechanisms of failure of composite structures especially during the operational life of the aircraft.
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The certification compliance of composite structures, according to the current airworthiness
regulations, EASA AMC 20-29 - Composite Aircraft Structures - 27 July 2010 [1], is traditionally
accomplished from the civil aircraft manufacturers by applying:

¢ Dbuilding block approach, Figure 2, that implies expensive and long test campaigns:
typically, tests on thousands of coupons, hundreds of elements, dozens of
subcomponents lead up to one or two full scale tests;

® no-growth design approach for nonvisual damage, implying that structures with this type
of damage will carry design ultimate loads for the operational life of the aircraft;

® high knock-down factors to the material strength properties (design values) to take into
account the effects of temperature, moisture, B-basis statistical reduction, notch and low
energy impact damages; the structure is considered uniformly damaged;

e first-ply-failure design criteria; composite damage is described by the First Ply Failure
concept: failure index or strength ratio is properly calculated for each ply and the
structure is considered as damaged when at least in one ply it reaches the unit value; it is
a very conservative method but all the design processes are currently based on it;

e usually no buckling onset up to design ultimate loads;

® etc.
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Figure 2: schematic diagram of building block tests for a fixed wing [1]
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The result of the above approach is that the allowable design strain in composite structures is
limited to approximately 1/3 of the limiting value for a pristine material. This approach leads to
oversized composite structures and therefore to a very conservative design. Figure 3, [3], illustrates

the contribution of the various knock-down factors to the design strain.
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Figure 3: knock-down factors on design strains [3]

2.1.1 Effect of damage

Due to the high sensitivity of composite materials to damage and defects, the full potential of
residual strength of composite materials is not exploited resulting in increased structural mass.

The strength in the presence of damage, such as impact or crack or cutout, is significantly lower and
varies with the damage size and type [4]. The influence of damage on compression strength is more
significant than the influence of damage on tension strength; hence, more attention is restricted to

response to compression loading.
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Typical trends of compression strength in presence of damage are shown in Figure 4: minor
manufacturing imperfections such as porosity and small delaminations have little effect on strength,

relative to the effects of holes and impacts; the most critical damage is the impact damage.
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Figure 4: sensitivity of compression strength of composites to various types of damage [4]

The impact damage is caused by a large variety of sources, ranging from tool drops, runway or
ground debris, and foot traffic to impact with large objects (e.g. luggage) and hail damage. The
strength reduction in the presence of damage must be taken into account in the design process;
the approach is dependent on the inspection method used and its reliability, [4].

First, the type and size of damage or flaw that the selected inspection method can find consistently
and reliably, must be determined.

Then, the threshold of detectability, named ADL (allowable damage limit), is defined: it is the
damage size above which all damages can be found by the inspection method with a certain

confidence (e.g. 99% of the time). The ADL definition depends on inspection technique sensitivity.

The ADL divides the damage that may occur during manufacturing or service in two categories:
® non detectable damage;

e detectable damage.

These categories are then tied to specific load levels that the structure must withstand: the two main

load levels of interest in structural design of airframe structures are the limit and ultimate load.
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The limit load is the highest load the structure is ever expected to encounter during service. The
ultimate load is the limit load multiplied by 1.5.

A structure with damage below the threshold of detectability of the selected inspection method must
be capable of withstanding ultimate load without failure.

A structure with damage above the threshold of detectability level of the selected inspection method
must be capable of withstanding limit load without failure, and must be repaired in order to restore

its load carrying capability up to ultimate load.

In practice, the most common inspection method currently used is visual inspection (i.e. walking
around inspection). This is because it combines low cost with ease of implementation [4]. This
does not mean that more accurate and more reliable inspection techniques such as ultrasound, X-
rays, etc. are not used at different times in the life of an aircraft. Usually, however, these methods
are applied during planned detailed inspections at the depot level where an aircraft is taken out of
service and specially trained personnel with appropriate equipment conduct a thorough inspection
of the structure. On a more regular basis, the structure is inspected visually.
According to the airworthiness certification requirements for composite aircraft structures (EASA
AMC 20-29, [1]):
“When using a visual inspection procedure, the likely impact damage at the threshold of reliable
detection, ADL, has been called barely visible impact damage (BVID)”.
With visual inspection, the structural requirements in the presence of damage become:

- structure with damage up to barely visible impact damage (BVID) must withstand ultimate

load without failure;
- structure with damage greater than BVID, i.e. structure with visible damage (VID), must

withstand limit load without failure.

Therefore, the structural substantiation for BVID damage includes demonstration of a reliable

service life, while retaining ultimate load capability, as illustrated in Figure 5.
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Figure 5: schematic diagram showing deign load levels versus categories of damage severity [1]

The BVID is usually defined as damage that is “barely” visible from a distance of 1.5 meters
under ambient light conditions [4, 5].

The BVID is the upper limit of Category 1 of damages, Figure 5:

ADL, i.e BVID, does not require repair contrary to the other categories of damage. Figure 6

summarizes what is specified for Category 1 of damage by EASA certification requirements [1].

Category 1: Allowable damage that may go undetected by scheduled or directed
field inspection and allowable manufacturing defects. Structural substantiation for
Category 1 damage includes demonstration of a reliable service life, while retaining
ultimate load capability. By definition, such damage is subjected to the
requirements and guidance associated with paragraph 7 of this AMC. Some
examples of Category 1 damage include BVID and allowable defects caused in
manufacturing or service (e.g., small delamination, porosity, small scratches,
gouges, and minor environmental damage) that have substantiation data showing
ultimate load is retained for the life of an aircraft structure.

Figure 6: Category 1 description [1]

It is recognized that the definition of BVID is subjective and dependent on the inspector and
his/her experience level. For this reason attempts to more accurately define BVID have been made
by tying the BVID to a specific indentation size. Usually, 0.8-1 mm deep indentation is considered

to correspond to BVID [4, 5].
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The reduced strength of a laminate in presence of BVID is a function of
- the impact energy level,
- thickness,

- stacking sequence.

In view of a lot of experimental tests to measure the strength reductions due to BVID (usually the
worst type of damage) for different laminates that characterize a composite structure, the
design/analysis process must use reliable analytical and numerical methods that allow determination
of the reduced strength in the presence of this kind of damage.

Habitually, a conservative approach is used:

- determine the BVID knock-down factor by execution of CAI (Compression After Impact)
tests according to the standard regulation ASTM D 7137/D 7137M — 07 [6] on a limited but
significant range of layups, by comparing the undamaged and damaged tests results;

- apply the most critical value of this factor to all the laminates of the structure, whatever is

the thickness and the stacking sequence of the laminate;

this avoids a lot of tests on thousands of specimens to determine the BVID resistance of a large
number of laminates, with consequent large and expensive test campaigns.
The BVID knock-down factor is conservatively selected even up to a value of about 0.4, thus the

material strength properties are reduced up to 60%.

This is the approach that is traditionally applied for the design of the wing of an aircraft, regardless
of the real thickness distribution of the skin along the span: as illustrated in Figure 7 the thickness
of a typical composite wing of a large aircraft (EASA CS-25, [2]) can also change from 10 mm at

root up to 2 mm at tip. This design approach surely leads to oversized wings.

Figure 7: large aircraft wing box — typical upper skin thickness distribution (mm)

10
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2.2 New design approaches and criteria for low weight

As described in § 2.1, the high sensitivity of composite materials to low energy impact damage
(BVID) penalizes the design of composite structures, in terms of thickness and weight of the final
structure, because often the reduction of the material design allowable due to the BVID is affected
by conservatisms linked essentially to the limitations of current techniques for the inspection and
measurement of the BVID, including visual inspection.

On the other hand the design of composite structures based on:

- material allowables reduced for BVID at coupon level,

- first ply failure criteria (not considering damage evolution after first ply failure),

means for example a stiffened panel is wholly damaged. This has as consequence the not
exploitation of the full potential capability of the real structure in presence of discrete damage
scenario. Therefore the extensive use of analysis methods based on PFA approaches is necessary to

evaluate the real capability of the structure to obtain more realistic design allowables.

The new design methodologies investigated in this work, are finalised to
¢ reduce many of the uncertainties of the classical design;
® increase the design allowables thinking to a coupled use with SHM;
e provide preliminary requirements to the SHM systems;
* relax some traditional design criteria;

e cvaluate the real capability of the structures.

This investigation has supposed the presence of a Structural Health Monitoring system, and the

extensive application of progressive failure analysis methodology.

2.2.1 Design with SHM

SHM systems are currently conceived for maintenance purposes of airplanes.

Incorporation of SHM has the potential to reduce through-life costs by the adoption of Condition
Based Maintenance and to reduce operating costs by the design of more structurally efficient
aircraft [7-13]. SHM technology can remotely monitor the physical condition of the components,
reducing the costly requirement for aircraft downtime for component disassembly and inspection.
This capability opens the potential to move away from traditional “Time Based Maintenance” to

“Condition Based Maintenance™:
11
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- the aircraft structural maintenance can be optimally planned given the actual condition
of the aircraft components and not controlled primarily by flight hours irrespective of

component condition.

In many cases it is also impossible to access certain areas and consequently considerable additional
cost is sustained to ensure an ultraconservative design in recognition of the inability to access the

component.

In the last decade the SHM systems are also under investigation as support to the design of
composite structures to achieve consistent weight reductions. This work is dedicated to this latter
aspect. The use of SHM, as considered by many aircraft manufactures, can dramatically change
future design and operation of aircraft.

As described in § 2.1 many aircraft composite structures are currently overdesigned due to the
requirement for safe operation with undetected damage. With reliable monitoring of the structural
parts some of the over-designs can be removed and this will lead to reduced aircraft weight, new
design concepts and increased performance. One of the major benefits of SHM is its ability to
detect damage at an early stage and to monitor its progression throughout the life of the structure,
leading to improved diagnostic capabilities, more efficient repair strategies and ultimately more
optimised structural designs.

Incorporation of SHM into composite structures has therefore the potential to reduce many of the
current uncertainties and permit increased design allowables leading to lighter and more efficient
structures; it can detect the presence of defects and damage in the structure at sizes smaller than
those currently assumed for design and certification (BVID).

In detail SHM systems can allow to design with higher design allowables thanks to a more reliable
detection of the current BVID (0.8-1 mm deep indentation, § 2.1.1), improving the static strength
(compression after impact) of the composite structures for a reduced damage size detection.

As illustrated in Figure 8, the detection by SHM of a BVID smaller than that one identified by
visual inspection (0.8/1 mm) and applied in the traditional design, implies the adoption of a higher

material allowable for the design of the composite structure with a consequent reduction in weight.

12
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Figure 8: higher compressive strain design allowable by SHM

Through the use of these systems it could be possible also to monitor the initiation of more damages
in the structure and their evolutions, up to reaching the map of damage that exhausts the residual

strength of the structure (i.e. most critical damage scenario).

2.2.2 Residual Strength prediction

Composite structures are traditionally designed supposing that any damage up to the ADL size will
not grow under fatigue design loads during all the operative life of the aircraft. This is verified at
final test at component level; this assumption is made on the base of the fact that the ultimate static
design allowables are very low as illustrated in § 2.1. Consequently the composite structure is
verified by static analysis.

The necessity to exploit the full potential of composite materials foresees the use of the Progressive
Failure Analysis (PFA) methodology able to predict the real capability of complex structures in
presence of discrete damages.

The PFA methodology [14-16], founded on implicit solution methods and nonlinear analysis, is
finalized to predict in addition to the damage initiation (FPF), the damage propagation up to the
collapse load of a composite structure, in order to fully exploit the real residual strength of impact

damaged structures, Figure 9.

13
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This kind of analysis foresees a discrete damage model that is introduced in the FE model of the
structure and preserving the full mechanical strength properties of the material (no BVID
degradation).

In particular the PFA methodology allows to analyse also discrete maps of damages, representatives
of real damage scenarios of the structure, Figure 10. This capability will allow to identify, among
more damage scenarios, that one that really exhausts the residual strength of the structure and
therefore the real ultimate design value of the structure; this value will probably be higher than that
one assumed by the traditional design which is based on a uniformly damaged model of the

structure by using design allowables reduced for BVID obtained at coupon level.

DAMAG E -, Mesimum Damans Indax 210001
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Figure 9: progressive failure analysis of an impact damaged stiffened panel

* ._I Multibay Stiffened Panel with multiple damages

Figure 10: discrete damage map
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The residual strength analysis represents the prognosis evaluation of the structure and in
conjunction with a SHM system it constitutes the highest level of a comprehensive SHM system
[7]. The monitoring of the real health condition of the structure and of the related residual strength
would allow besides a reduction of the structural weight also a greater amplitude of the inspection

intervals expected for the structural part in question.

2.2.3 Simplified design model and new criteria

Due to the complexity of the FE models and of the analysis for determining the strength of a
structure in the presence of damage, simplified methods are commonly used in the preliminary
design phase [4, 17-23]. A conservative approach is usually followed to avoid computational
intensive analysis methods that model damage initiation and its evolution under load; this approach
consists of using a simplified design model of BVID by simulating it with a hole 1/4 inch (6.35
mm) in diameter, as suggested also by some industrial design guidelines issued by Northrop
Grumman [23]:

“design of damage tolerant composite structures: initial design laminated composite structures

must account for the presence of fastener holes, typically 1/4 inch in diameter”.

The rationale of this guideline is based on the following considerations, [23]:

a) A majority of the laminates in service today are less than 3/8-inches thick (9.525 mm).
Hence, a vast majority of fasteners used to join these laminates are approximately 1/4 inches
in diameter. Therefore, mechanically-fastened laminates may contain a large number of 1/4-
inch holes.

b) The fidelity of nondestructive inspection techniques lead to the conclusion that (undetected)
rogue flaws had to be accepted in production flight hardware. These rogue flaws included
porosity, damaged fibers, small inclusions, and impact damage from dropped tools.

c¢) There are many databases for military aircraft containing data on the relationship between
strength degradation and damage detectability. These data support the idea that an impact
causing barely visible impact damage (BVID) produced a level of strength loss close to that
one caused by the presence of a 1/4 inch diameter hole. This similarity of the effect on
strength of BVID and a 1/4-inch hole is by no means precise. Laminate thickness, lay-up,

planform, edge support, fibers, resin matrices, impactor shape, impact location, and

15
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environment all influence the correlations between the effect on strength of BVID with that
of a 1/4-inch hole.

d) Measurements of the strength of laminates containing a 1/4-inch hole are generally
repeatable and consistent. Use of impacted laminates to measure strength requires careful
control of many more independent variables and results in data exhibiting excessive scatter.

Hence, the effects of damage are investigated separately on a case-by-case basis.

Based on the above considerations, material design allowables used for initial design can be based

on coupon tests of laminates with 1/4 inch holes, Figure 11.

Pristine Impacted Notch

CAIl coupons

150 mm

: 100 mm BVID

Figure 11: equivalence between 6.35 mm hole and BVID

The strengths of the structural laminates with impact damage are then checked after the structural
design matures, [23]:

“Final Design of Composite Laminates Must Provide Sufficient Post-Impact Strength”.

The frequently used concept to determine the uniaxial strength, N, ,, of laminates containing holes

and impact damage is the following:

Nyog=Ext &4

where

N, . = ultimate strength (force/unit length)

E, = laminate Young’s modulus, derived from carpet plots or classical lamination theory, of the
pristine (unnotched, undamaged) laminate

t = laminate thickness

16
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&, = B-basis allowable strain for the appropriate material, layup, and environment derived from
coupon tests of laminates containing a 1/4 inch diameter hole or BVID (should screening tests

indicate BVID yields significantly lower &)

Modulus and thickness are predictable with entirely acceptable accuracy. The main difficulty is in

the estimation, using a minimum amount of experimental data, of the allowable strain.

It is important to note that accounting for a 1/4 inch hole is just the first, basic step in the structural
design process; this approach has its limitations because it could be not applicable to all threat
scenarios. For example, it can be extremely conservative in cases of thick composite structures. The
typical damage scenarios based on common threats during manufacturing and service should not
include a 6.35 mm through hole for example because it is a very unlikely event. Designing for
damage must be done with care on a case-by-case basis after careful examination of threats and
requirements. And, most importantly, it should be supported by tests that verify the analysis method
and its applicability to the loading, layups, and configurations under consideration.

But the possibility to simulate the BVID with an equivalent hole, probably of diameter not equal to
6.35 mm (as suggested by the above guidelines), if demonstrated, is aimed at simplifying in the next
future, the numerical models simulating the low energy impact effects with high computational time
savings; in particular it could allow the evaluation of the residual strength after impact avoiding the
implementation of induced damage models (explicit codes), but simply modelling the laminate with

a hole of appropriate diameter in the same BVID location, as illustrated in Figure 12.

Another design criteria investigated in this work, also illustrated in Figure 12, is based on the
following consideration:

the traditional use for the design of complex structures (for instance stiffened panels) of the reduced
allowable for BVID determined at coupon level, could be more conservative respect to what really
happens in terms of residual strength for a panel with two or more stringers both for the panel
geometry (presence of the stringers, alternative load paths, etc.) and for the different boundary
conditions.

If the impacted skin is part of a stiffened panel, the stiffeners may provide in fact an alternative load
path and may be strong enough to carry load after the panel has been impact damaged.

Therefore the stiffened panel could have a higher residual strength respect to that one predicted by
the traditional design based on a uniformly damaged model of the structure by using the design
allowable reduced for BVID obtained at coupon level. This awareness could suggest, respect to the
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traditional design, to consider a design approach at element level (stiffened panel), or to design with
a reduced allowable for BVID higher respect to that one obtained by CAI tests on coupon, with

consequent benefit in terms of weight reduction and/or higher load carrying capability.

Current Design Approach and Analysis Simplified Analysis
Equivalent hole £
CAI coupon £ 4| simplified damage model

2 2 |

- 100 mm

100 mm ——]

—A
Impact Analysis ASTM D 7137 - Compression After Impact Test

(Explicit solver) Ms
Residual Strength Analysis l Residual Strength Analysis
(Implictt Solver) (Implicit Solver)

Definition of “BVID" allowable €ca_notch

1

used for the design of complex structures

Definition of BVID allowable £gyp

1

used for the design of complex structures !!

=l
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[ — ———y

Residual Strength ., %Residual Str@

Figure 12: scheme of the current and of the simplified design approach and analysis
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3 LOW WEIGHT DESIGN USING INFORMATION GIVEN BY SHM
SYSTEMS

The activities of this work have been performed assuming as reference baseline a typical wing box
of a regional aircraft (EASA CS-25, [2]), in particular two panels representatives of the upper skin:
one located at the wing root (sized according to strength criteria) and the other one toward the wing
tip (sized according to buckling criteria).

These panels have been initially designed according to the current industrial design approach; the
panels so designed, and in particular their structural weight, represent the reference baseline.

Then the panels have been redesigned according to new design criteria based on the potential
exploitation of the information given by a reliable SHM system.

In particular, it has been evaluated the benefit on weight reduction achievable by redesigning the
reference panels by relaxing some of the traditional conservatisms, because resolved by SHM
systems, in order to identify the design variables that more affect the weight saving of the panels.

A weight sensitivity analysis, finalized to assess the influence on the panel weight of the application
of the knock-down factor for BVID on material allowables, has been performed.

In detail, the two reference panels have been redesigned not considering the BVID knock-down
factor on material allowables because of monitoring of SHM. This approach has been used in some
cases on the whole panel and in some cases only on the skin or stringers alone thinking to partial
monitoring conditions. Furthermore other analyses have been performed using intermediate values
of BVID knock-down factor related to the different SHM sensitivity (change the ADL, § 2.1.1,
respect to different SHM capabilities). The analyses have been performed to evaluate the weight
reduction respect to different knock-down factors scenarios and with and without post-buckling
regime.

The results of these analyses have provided fundamental requirements for the SHM system

definition in terms of “where, which parameters and their amount it is necessary to monitor’.

3.1 Reference panels

The stiffened panels are representative of the upper skin of a typical regional aircraft wing box,
Figure 13; panel 1 is located at wing root, panel 2 toward the wing tip, Figure 14-(a). They are
characterised by T-shaped stringers, Figure 14-(b), with a ratio between length (span dimension)

and width (chord dimension) equal to 0.32 for panel 1 and 0.375 for panel 2.
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For the research objectives, the panels have been supposed flat and only compressive loads have
been considered for their design; 1128 N/mm and 600 N/mm are the design limit compressive loads
(L.L.) for panel I and panel 2 respectively. Figure 15 summarises the panel dimensions and the

design loads.

upper skin flat panels hypothesis
front spar rear spar
1 L 1
lower skin

Figure 13: wing box example

Panel section design parameters
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Figure 14: locations of the panels (a); panel section (b)
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Panel 2 244 | 650 |0.375 600 900
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Figure 15: panel dimensions and loads

The design of these panels, according to the current conservative design criteria, has furnished the
reference baseline respect to compare the weight reduction achievable by applying a new design

approach (§ 2.2.1) exploiting the potentiality of SHM systems.
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3.1.1 Design requirements and criteria

The panels have been sized by linear analysis according to

® minimum weight requirement

and according to the following design criteria:

¢ 1o strength failure and no onset of buckling up to ultimate load (U.L.).

Furthermore, as foreseen by the traditional sizing approach,

e FPF criteria

and
* material allowables, reduced by knock-down factors for BVID, temperature, moisture, and

B-basis statistical reduction, and applied homogeneously on the whole panel,

have been applied in design.

About the layups, they satisfy all the conventional rules:
¢ symmetric and balanced (minimum gauge of 8 plies),
e standard orientations (0°, £ 45°, 90°) with minimum 10% of plies in each orientation,
e external plies + 45°;

e stacking sequence suitable for mechanical joints and repairs.

3.1.2 Methodology

The design of the reference panels, and also of the new ones supposing the presence of a SHM
system, has been developed by means of a stand-alone approach (no finite element solver), based on
the use of a dedicated structural sizing code for composite structures, Hypersizer® [24], typically
used in the preliminary design phase by civil aircraft industries.

Hypersizer® is able to compute the load distribution that satisfies the condition of FBD (Free Body
Diagram) force equilibrium for imposed geometry, shape, material, layup. The external loads per
unit length are resolved internally into stress resultants on each analysed object (e.g. flanges, webs,
etc). Furthermore, the FBD state of internal stresses and strains for all panel segments is used to

verify the equilibrium of forces and strain compatibility for the panel/beam as a whole. The strength
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and stability of these panels are analysed for the applied loads and boundary conditions using both
analysis approaches based on traditional industry methods and modern analytical/computational
solutions (over 100 different failure analyses).

The objective of the panel design and sizing is to minimize the weight with the added constraint to

have all the margins of safety (stability and strength) positive, Figure 16.

Free Body Diagram Approach
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Figure 16: Hypersizer® software

3.1.3  Material properties

About the composite material, a carbon fiber resin epoxy system, commonly used for aeronautical
applications, have been considered in the design of the panels. It is a unidirectional prepreg tape,
with a nominal cured ply thickness of 0.186 mm.

According to the current traditional design approach, the material allowables are degraded by
appropriate knock-down factors to take into account temperature and moisture effects (Krm), B-
basis statistical reduction (Kp.pasis), and low energy impact damage (Kpvyip). Figure 17 illustrates the
lamina material allowables without Kgyp (Figure a), and with Kgyp (Figure b).

According to the design guideline issued by Northrop Grumman regarding the preliminary design
of composite structure (§ 2.2.3. [23]), Kgyip has been assumed equal to that one of the open hole
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compression test, Kogc (compressive test on quasi-isotropic laminate with a hole 6.35 mm in
diameter [25]). Therefore the design value of Kgyp applied to the compressive allowable is the
following one

Kgvip = Konc = €onc/€cu_unnotched = 0.70.

Material properties - K, . Kia Material properties - Kg, . K1 Kevn
Longitudinal Youngh's modulus, Tension E.y 163 GPa Lengitudinal Youngh's modulus, Tension E, 163 GPa
Longitudinal Youngh's modulus, Compression E. 1375 GPa Longitudinal Youngh's modulus, Compression E“ 1375 GPa
Transverse Youngh's modulus, Tensicn Er: 8.35 GPa Transverse Youngh's modulus, Tension E,., 8.35 GPa
Transverse Youngh's modulus, Compression Efz 850 GPa Transverse Youngh's modulus, Compression Efg 8.50 GPa
In-plane shear modulus G;: 3.95 GPa In-plane shear modulus Gy, 3.95 GPa
Poisson's ratio Via 0.35 Poisson's ratic Viz 0.35
Longitudinal Tensile strength Fn 1764.44 MPa Longitudinal Tensile strength -F“ 896.72 MPa
Longitudinal Tensile strain Byt 10825 pe Longitudinal Tensile strain Eqe 5501 pe
Longitudinal Compressive strength Fy. 740.14 MPa Lengitudinal Compressive strength | 518.10 MPa|
Longitudinal Compressive strain €10 5383 pe Langitudinal Compressive strain £y, 3768 us
Transverse Tensile strenght Fy, 55.72 MPa Transverse Tensile strenght Fa, 55.72 MPa
Transverse Tensile strain Eoy 6795 pe Transverse Tensile strain E2¢ 6795 ue
Transverse Compressive strenght F:e 170.15 MPa Transverse Compressive strenght Fg,_- 170.15 MPa|
Transverse Compressive strain €30 20750 pe Transverse Compressive strain €3, 20750 pe
In-plane Shear strenght 512 B56.33 MPa In-plane Shear strenght 512 40.13 MPa
In-plane Shear strain E42 16792 pe In-plane Shear strain €42 10159 pe
Interlaminar shear strength Tyiss 51.29 MPa Interlaminar shear strength Trrss 31.03 MPa
Interlaminar shear sstrain ErLss 12986 ps Interlaminar shear sstrain Eruss 7856 pe
Ply thickness t 0.186 mm Ply thickness t 0.186 mm

(a) (b)

Figure 17: lamina material properties

The design of the reference panels, according to the current design approach, has been designed

applying all the knock-down factors, Figure 17-b).

In detail, referring to the data of the cured ply available in the material datasheet, the classical
design approach has been performed
- assuming as basic allowable in compression, €, the result of the compression test executed
on the unnotched laminate (24 ply QI, available in the material datasheet), €., ynnotcheds
instead of the material allowable deriving from the standard compression test on
unidirectional laminate, in order to consider the in-situ strain effect: €., = €.y ynnotched =
7333 ue;

- applying to the unnotched allowable the knock-down factors Ky, Kp_pasiss, Kpvips

ecu = E':cu_unnotched I<T,M KB-basis I<BVID.
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3.1.4 Design of the reference panels

Figure 18 and Figure 19 show the results of the design of the two reference panels according to the
above requirements and design criteria, and the design parameters illustrated in Figure 14-(b).
As expected, panel 1 and panel 2 are characterized by minimum margin of safety (MSp,) at

ultimate load (U.L.), at strength and local buckling respectively.

PANEL 1 Skin '

Spacing Spaan. Stringers| H n. plies Skin - [% 07, £45°, 90°] t_skin

(mm) (mm) (mm)

28 plies
[45/-45/45/-45/0/0/90/0/0/45/-45/0/90/0]s
125 6 37 | [42.86% 0°, 42.86% +45°, 14.28% 907] | 5.21
Stringer “'eight MS UL
- 7. ' _[e 0 =0 107 . 7 A
H_{s;:]r]:}ger Top ]i'll]:::]llg}e Wit|n. plies Top Flange - [% 0°,£459.90°] t_tlglfll;}nge E;:;:}b {K;";iz} 0.5258 & Web, Local Buckling
12 phies 1.706 # Panel Buckling
31.792 50 [50% 0°, 33.33% +45°, 16.67% 90°] | 2232 |4.464| 11.45 |0.1395 # Composite Strength, Tsai-Wu Strain

Figure 18: panel 1 reference baseline

PANEL 2 Skin '
Spacing Span]n. Stringers] H n. plies Skin - [% 0°, £45°, 90°] t skin|
(mm) (mm) (mm)
14 plies
[45/-45/0/0/90/45/-45]s
108.33 6 31 | [28.57% 0°; 57.14% =45°; 14.29% 90°]| 2.6
Stringer Weight MS UL
H_E;::iger Top ]i‘;::;lg}e Wt|n. plies Top Flange - [% 0°,£45°,907] t_tizll:)nfllna;lge t[;‘;nil; (K;V;in 0.007571 # Spacing Span Local Buckling
1.644 # Panel Buckling
10 plies 0.945 # Buckling Stiffener
28.396 50 [40% 0°; 40% +45°; 20% 90°] 1.86 3.72 7.0 |0.0648 # Composite Strength Tsai-Wu Strain

Figure 19: panel 2 reference baseline

3.2  Weight sensitivity analysis by new design approach with SHM

The reference panels have been redesigned relaxing some of the current conservative design criteria

(§ 3.1) and according to a new design philosophy supposing the presence of an SHM system,

aiming at exploiting the full potential of composite materials in terms of weight reduction.
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By detecting the presence or development of critical defects and damages by SHM systems, the
structure could be designed with a higher design allowable improving the static strength
(compression after impact) for a reduced damage size detection (§ 2.2.1).
The work developed in this chapter consists of two parts.
In the first part some traditional design criteria have been relaxed:

e No BVID knock-down factor, Kgyip, has been applied in the new design on the whole

panels and/or on skin and stringers alone;

® post-buckling regime between limit and ultimate load has been allowed.
In the second part of this chapter, different sensitivity limits of the SHM system to detect the BVID
have been taken into account, assuming different values of the BVID knock-down factor by

increasing the compressive design value.

The new design of the panels has been developed, as the reference ones, by using Hypersizer® code
in stand-alone approach, but in this case also applying in some cases nonlinear analysis for post-

buckling (Appendix A).

3.2.1 Weight reduction evaluation without BVID knock-down factor

The reference panels have been redesigned to estimate the potential weight reduction achievable
releasing some traditional criteria because resolved by the use of SHM systems.
For this purpose, a numerical test matrix has been defined and executed in order to evaluate the
weight benefit arising from this design approach.
This test matrix includes, for each of the two panels, many tests as many as the released design
criteria considered, as for instance no buckling up to U.L. and no application of Kgyp, their
combination, and also the application of these new criteria only to different panel sub-elements:
for instance, no application of BVID knock-down factor

¢ only on the skin (i.e. only the skin is supposed monitored by SHM systems)

e or only on the stringer,

e or on both,
with or without allowing the onset of buckling between limit and ultimate load.
The numerical analyses developed in this part of the work have supplied, for each reference panel
and for each test case, new panel configurations; they are different in terms of
® layups, thicknesses, stringer spacing
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and therefore
* weight,

with respect to the reference ones (§ 3.1.4).

Panel 1

Figure 20 summarizes the results obtained by redesigning panel 1.

13

REFERENCE [ )
_%'_ [Kg/m2] W _11.45 Kgim? - REFERENCE KBVID on the whole panel - NO Buckling up to U.L.
A
12 H =37 mm @ NO Kgyp on the whole panel - NO Buckling up to U.L.
skin: 28 plies
© stringer cap: 20 plies - stringer cap: 12 plies @ NOKgyp only on the skin - NO Buckling up to U.L.
1 @ )
\: =110 Kgim? (-3.79%) @ NOKgyp onlyon the stringer - NO Buckling up to U.L.
H=32mm @ Kgyp on the whole panel - Buckling between L.L. and U.L.
10 skin: 24 plies *
stringer cap: 20 plies @ NO Kgyip on the whole panel - Buckling between L.L.and U.L.
5 ) NO Kgyip only on the skin - Buckling between L.L. and U.L.
*
@® @ no Kgyip ©nly on the stringer - Buckling between L.L. and U.L.
%= 8.65 Kgim2 (-24.45%)
8 H =30 mm # Buckling between L.L. and U.L. NA for W/A < wfn_.
skin: 18 plies
stringer cap: 12 plies % Buckling between L.L. and U.L. NA for W/A < wa_.
7
3 L]

n. stringers

Figure 20: panel 1 redesign — weight saving analysis

According to the above figure, the results obtained by redesigning the panel are the following ones:
¢ the maximum weight reduction achievable (vs reference — Figure 18) is of 24.45%, and it is

achievable for the following panel:

@ NOKpgyp on the whole panel - NO Buckling up to U.L.

- without applying BVID knock-down factor (NO Kgyip) on the whole panel (i.e. SHM
applied on both the skin and the stringers) and according to the design criteria of NO
Buckling up to U.L.

- the new panel 1, Figure 21, is characterised by the following new design values (Figure 14-
(b)):

v H: 30 mm vs 37 mm;

v n. stringers: 7 vs 6;
v’ skin plies: 18 vs 28;
v

stringer cap plies not changed.

26




Chapter 3

Low weight design using information given by SHM systems

e NO weight reduction is achievable if NO Kgyip is applied only on the skin (i.e. SHM applied

only on the skin)

¢ weight reduction of only 4% is achievable if NO Kgvyip is applied only on the stringers (i.e. SHM

applied only on the stringers)

e NO weight reduction is achievable allowing the panel to enter the post-buckling regime between

L.L.and U.L.

PANEL 1 Skin Weight Post Buckling
Spacing Span |n. Stringers| H n. plies Skin - [%0 0°, £45°, 907] t skin| W/A |% reduction
(mm) (mm) (mm) [(Kg/m"2)|vs reference
18 plies
[45/-45/90/45/0/0/0/0/-45]s
107.14 7 30 [[44.44% 0°. 44.44% +45°_11.11% 90°]| 3.348 | 865 | -24.45% NA
Stringer MS U.L.
H_stringer| Top Flange Wt |n. plies Top Flange - [% 0°,£45°,90°]|t_topflange |t_web
(mm) (mm) (mm) |(mm) |0.09928 # Spacing Span Local Buckling
12 plies 0.7878 # Panel Buckling
[45/-45/0/0/90/0]s 0.2188 # Crippling, Method Mil Hdbk 17
26.652 50 [50% 0°,33.33% +45°, 16.67% 90°] 2232 4.46 |0.2318 # Composite Strength, Tsai-Wu Strain
Figure 21: panel 1 redesign with a weight reduction of 24.45%
Panel 2

Figure 22 summarizes the results obtained by redesigning panel 2
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A REFERENCE Kgy,p on the whole panel - NO Buckling up to U.L.

W_[kg/m?]
REFERENCE B no Kgyp onthe whole panel - NO Buckling up to U.L.
; l 7.0 Kgim?
f [ @® nok only on the skin - NO Buckling up to U.L.
| 6.74 Kgim? (-3.6%) I BVID
| o Per_bucking=32% L.L. | ‘ 6.8 Kgim? (-3%) X NO Kgyip only on the stringer - NO Buckling up to U.L.
| 6.66 Kgim? (-4.8%) | Per_buckiing = 105%L.L.
| " Per_buckling=31.5% L.L. | Kgyip on the whole panel - Buckling between L.L. and U.L.
5 =
| F\\ . :
NO K on the whole panel - Buckling between L.L. and U.L.
| I ™ Fer_buckling < L.L. BVID
i | ‘ NOKgy,p o0 the whole panel - Buckling between L.L. and U.L.
|
I 6 | w== NO Kgyip only on the skin - Buckling between L.L. and U.L.
| 5.63 Kg.frnz (-20%) l NO KBVID only on the stringer - Buckling between L.L. and U.L.
L@ Fareme |
55
3 4 5 i T
n. stringers

Figure 22: panel 2 redesign — weight saving analysis

According to the above figure, the results obtained by redesigning the panel are the following ones:
¢ the maximum weight reduction achievable (vs reference — Figure 19) is of 3%, and it is
achievable for the following panel:

A NO Kpgyip on the whole panel - Buckling between L.L. and U.L.

- without applying BVID knock-down factor (NO Kpgyip) on the whole panel (i.e. SHM
applied on both the skin and the stringers), and post-buckling regime between L.L. and
U.L.. Per puckiing=105% L.L.

- the new panel 2, Figure 23, is characterised by the following new design values (Figure 14-
(b)):

v" H: 30 mm vs 31 mm;

v n. stringers: 5 vs 6;

v skin plies: 12 vs 14;

v’ stringer cap plies: 14 vs 10.

e greater weight reductions are achievable, but for post-buckling regime for loads lower than L.L.

(not applicable for skin wing cover panels)
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PANEL 2 Skin Weight Post Buckling
Spacing Span [n. Stringers| H n. plies Skin - [% 0°, £45°, 90°] t skin| W/A |% reduction
(mm) (mm) (mm) |(Kg/m”"2)|vs reference
12 phes
[45/-45/0/90/45/-45]s
130 5 30 |[16.67% 0°: 66.67% =45° 16.67%90°]| 2.232| 6.8 -3% 105%L.L.
Stringer MS UL
H_stringer| Top Flange Wt |n. plies Top Flange - [%6 0°,2£45°,90°)] |t _topflange |t weh|
(mm) (mm) (mm) |(mm)|] 98 # Web, unsupported Local Buckling
14 plies 1.186 # Panel Buckling
[435/-45/0/0/90/45/-45]s 0.0609 # Crippling, Method Mil Hdbk 17
27.768 50 [28.57% 0°; 57.14% +45°; 14.29% 90°]| 2.604 5.210.0592 # Composite Strength. Tsai-Wu Strain

Figure 23: panel 2 redesign with a weight reduction of 3%

The maximum weight reduction achievable for the two panels, panel I and panel 2, as illustrated in
the figures above is the maximum reduction achievable in the “ideal case” of complete absence of
BVID knock-down factor thanks to the application of accurate and reliable SHM systems.
The maximum value of the weight reduction is achievable for the panel sized according to the
strength criteria rather than the panel sized according to the buckling criteria: 24.45% versus 3% .
Moreover panel weight reductions are potentially achievable monitoring

¢ or the whole panel,

e or monitoring only the stringers (NO Kpyp only on the stringers),

¢ but not monitoring only the skin.

In general, the load carrying capability of both the panels, with and without BVID damage, is
resulted not so influenced by post-buckling regime, therefore
®* no consistent weight reduction is achievable if panels enter the post-buckling regime

between L.L. and U.L.
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The above results give useful design requirements to the SHM systems in terms of design
parameters and panel subparts (skin, stringers) to which the panel weight saving is more sensitive,
and also the influence of post-buckling regime; in detail:

“what monitor and where for a low weight design”.

3.2.2 Weight reduction evaluation by several sensitivity levels of the SHM systems versus
classical visual inspection

Lower design weight of the stiffened panels is related to a specific capability to identify damages by
using SHM systems, with respect to visual inspection (walking around inspection).

The evaluation performed in this chapter supposes that different sensitivity levels of the SHM
systems are linked to different amounts of damage that have as consequence different residual
strength levels. At this purpose the analyses have been performed using different values of the

compressive strain allowable as if we were in presence of different SHM capabilities.

Kgvmp has been incremented from the design value (Kgyip = 0.70, § 3.1.3) up to the ideal case of

NO Kgyp (i.e. Kgyip = 1, as analysed in § 3.2.1), by increasing the compressive failure strain.

Figure 24 illustrates the levels of the compressive failure strain that have been applied for the

redesign of the panels.

Kevio | Ksvip_1 | KBvio 2 | Ksvip 3 |NO Kgyip
0.70 0.81 0.89 0.96 1

Ecu [ue] | 3768 | 4172 4576 4979 5383
+10.72%| +21.44%| +32.14%| +42.86%

&y = allowable compressive strain

r . - Scu>Ecu

r3 LY Fl
3 1 W 1 T
- '\\(I F \f V— L -

Figure 24: increment of the compressive design value for the weight reduction evaluation

Figure 25 and Figure 26 illustrates the results obtained for panel I and panel 2 respectively.
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12.0
K
BVID
11.5
L [Ke/m?] *_ __
1o ! Ksvip_1
: ! @ -4.95%
10.5 | |~ Ksvio
' | | ® 875%
I
10.0 | | |
| | |
9.5 } } }
! ! ! . Ksvin_3
30 ! ! ! €-2271% oy
| | | L T BVID
| | | | ’ -24.45%
8.5 | | | | |
| ! ! !
8.0 | +10.72% +21.44% +32.14% 242.86%
» I T T T T 1
3500 | 4000 | 4500: 5000 : 5500 6000
| | | Ecu [pE] ! |
| | | | |
. |
N i v v
E— -
Figure 25: panel 1 — weight vs compressive design value
8.0
W [Kg/m?]
A
7.5
Kgvip Kevip_1 Kevip_2 Kevip_3 NO Kgyp
0% -0.21% -0.21% -0.21%
0 YL * *”
| | | | |
|
! | | | .
| | | I [
6.5 ; . . . :
. | | | |
| | | : :
. |
- | | 110.72% | 121,445 1+32.14% 1+42.86%
- . T \ T \ T | 1
3500 ! a000 | 4500 | 5000 | 5500
| ' Ecu [HE] ! I
| | | I !
| 1 I . I
N vV v v
— B

Figure 26: panel 2 — weight vs compressive design value
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¢ For the panel 1, critical at strength, the results of the redesign show that weight reduction is
achievable up to a reduction of 24.45% (ideal case of no degradation for BVID) by
incrementing the design allowable. Therefore the use of a SHM system could allow the

design of lighter panels depending on its specific capability and accuracy.

e The results obtained for the panel 2, critical at buckling, show instead that no weight
reduction is achievable by incrementing the design allowable, and consequently also by
using SHM systems able to detect damages smaller than the damage detected by the visual

inspection (BVID).

It’s important to highlight that these results are sensitive to panel geometry and loads. For example,
for not high loaded structures the weight reduction could be limited by minimum gage conditions

and no further advantages could be obtained by increasing the material design allowable.

Further FE analyses, in particular progressive failure analyses, have been successively performed to
investigate the real effects, on the total failure of the panel, of the interaction between the reduction
of the panel stiffness due to buckling onset and the initiation and propagation of local failures (§

5.3).

For sake of completeness, taking into account the results of the CAI tests, available from the
material datasheet, on laminate 24-ply QI according to the ASTM standard regulation [6], the
knock-down factor due to the impact damage (BVID) is equal to 0.41:

X _ CAI(50]) _
cAL™ car(o) —

This factor has been evaluated considering conservatively the static compression strength of the 50
joule impacted CAI coupon. 50 joule, according to the possible threats to the composite wing, is
commonly accepted as cut-off energy level for the definition of the BVID.

Assuming the above factor as Kgyip,

I<BVID = I<CAI

32



Chapter 3 Low weight design using information given by SHM systems

and applying it, as illustrated in § 3.1.3, to the unnotched compressive allowable, the final design

allowable in compression, €, is:

Ecu = E':cu_unnotched I<T,M KB-basis I<BVID =2120 uﬁ

This value is lower of about 43% than the design allowable of 3768 pe based on the assumption
Kpvip = Konc (§ 3.1.3).

Figure 27 shows, for the panel 1 critical at strength, the weight vs compressive design allowable in
the range 2120 (Kgyp) 1€ and 5383 pe (NO BVID degradation).

The maximum weight reduction achievable is resulted equal to about 50% (ideal case of NO
BVID).

But, as illustrated in the figure, the increment of the compressive design allowable from the CAI
value up to higher values thanks to the use of SHM systems, can be limited, for designs with
mechanical joints, by other critical allowables: the open hole compression (OHC) and the filled hole
compression (FHC) allowables. These allowables become the new design values in place of the
BVID/CALI allowable.

The use of bonding joints in place of mechanical ones, if monitored by SHM systems, could avoid
this limitation and fully exploit the potential increment of the compressive design allowable up to

values higher than the OHC and FHC values.

18

m CAl
2 17 i
W [Kg/m“] I
A 16 |
15 i
 -18.78%
14 .\___ |
13 e I
- "‘\. -31.33% I
“~..._ | OHC
1 M -34.48%
| . L FHC
10 I M. -41.63%
. I W .-4569% 6 ByiD
| 1l -50.50%
8 i
; |
2120 2600 3096 3768 4279 4830 5383
Ecu [HE]

Figure 27: panel 1 — weight vs compressive design value considering also CAI knock-down factor
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4 PROGRESSIVE FAILURE ANALYSIS METHODOLOGY

Laminated composite structures can develop local failures or exhibit local damage such as matrix
cracks, fiber breakage, fiber-matrix debonds, and delaminations under normal operating conditions
which may contribute to their failure. The ability to predict the initiation and growth of such
damage is essential for predicting the performance of composite structures and developing reliable,
safe designs which exploit the advantages offered by composite materials. The catastrophic failure
of a composite structure, i.e. its ultimate load-carrying capability, rarely occurs at the load
corresponding to the first-ply failure; composite structures usually fail due to the propagation or
accumulation of local failures as the load is increased. Initial failure of a layer within the laminate
can be predicted by applying an appropriate failure criterion; the subsequent evaluation of the
failure propagation requires the use of advanced failure propagation models. The need for a reliable
methodology for predicting failure initiation and propagation in composite laminated structures is of
great importance.

During the years, new advanced numerical methodologies, named Progressive Failure Analysis
(PFA) methodologies, based on the Finite Element Method (FEM), have been developed and
employed in order to simulate the real capability of composite structures [26-32].

PFA methodologies are finalized to predict, in addition to the damage initiation (FPF), the damage
propagation up to the collapse load of a composite structure. These methodologies have been
implemented both in many commercial FE codes and in-house codes [14, 33-35].

PFA results obtained in a work developed at CIRA [36], concerning the assessment of PFA
capability of several commercial FE codes by applying them to simple experimental test cases
extracted from literature (flat and rectangular graphite-epoxy specimens with an hole and loaded in
axial compression), have confirmed the capability of the current FE codes (B2000++®, ANSYS®,
ABAQUS® and MSC NASTRAN®) to capture the collapse load, also in post-buckling regime, with

a good accuracy.

The flowchart of a typical progressive failure analysis [15] is illustrated in Figure 28.

At each load step, a nonlinear analysis is performed until a converged solution is obtained assuming
no changes in the material model. Then, using this equilibrium state, the stress distribution in each
lamina is computed and stored. The computed stresses are introduced into specified failure criteria;
they are compared with material allowables to determine whether any failures have occurred or not.
If the adopted failure criterion indicates that lamina failure has occurred, the related lamina

properties are degraded according to a particular degradation model. Since the initial nonlinear
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solution no longer corresponds to an equilibrium state due to the fact that the material properties
have been degraded, equilibrium of the structures needs to be re-established utilizing the modified
lamina properties for the failed lamina while keeping the current load level. This iterative process,
of obtaining nonlinear equilibrium solutions each time a local material model is changed, is
continued until no additional lamina failures are detected. The load step is then incremented until
catastrophic failure of the structure is detected (converged solution is no more obtained).

Hence PFA is based on the appropriate selection of two ingredients: the type of the failure criterion
utilized to evaluate the failure initiation, and the material degradation model implemented to
decrease the load carrying capability of the damaged structure.

In the following subparagraphs the fundamental key features of a typical progressive failure

analysis are shown [15].

Define Initial State

Y

Load, F; |-}

Y

Monlinear Analysis
to Estabilish Equilibrium |

No
Converged Solution Obtained 7
i + Yes

‘ Small AP
Stress Recovery Procedure to

Predicted Final
Failure Load

Compute Stresses/Strains

I Y

Stop Failure Detected 7

vy

Increment Load
p| = pl‘ + ,lp

v -

Figure 28: flowchart of a typical Progressive Failure Analysis

of Material

Yes Degrade Properties ‘
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4.1 Nonlinear analysis

A nonlinear analysis is performed to take in account the geometrical nonlinear behaviour in the
progressive failure analysis.
The basic concept of nonlinear analysis illustrated in Figure 29, can be summarized in the following

MultiStep Approach:

1. Determine an increment (e.g. load, displacement)
2. Determine an estimate of the tangent stiffness matrix (default). The user can request that the
stiffness matrix remains the same or will be updated exactly (tangent stiffness matrix).
3. Determine the displacement increment
4. Calculate the element forces
5. Calculate the unbalanced load and check for convergence.
- If converged, go to Step 1
- If not converged, continue as follows:
6. Determine an estimate of tangent stiffness matrix
7. Determine the displacement increment due to the unbalanced load
8. Calculate the element resisting forces
9. Calculate the unbalanced load and check for convergence.
- If converged, go to Step 1.

- If not converged, go to Step 6 or start the divergence procedure.

The update of the stiffness matrix is one of the most time-consuming calculation; this step is

optional: in some cases the stiffness matrix in not updated for each iteration.
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Load, P A
_ Pyl __
AP,
Pyl _ Vv -
5. Ry- Unbalanced [g. R,- Unbalanced
Load 1 Load
1. Load 8. Kq-Estimate 4. F, - Element
of Tangent 8. F El t
Incremen Stiffness Force . Fz- Elemen
APy 2. K, - Estimate of Force
Tangent Stiffness - 1
| Displacement, u
3. AU

7. AU, - Displacement

p - Displacement
Correction

Predictions

Figure 29: basic concept of nonlinear analysis

In detail, the assembled finite element equations are given by

[Kr({DHID} = {P}

in which {D} is the displacement vector, { P} is the applied load vector, and [K7] is the assembled
tangent stiffness matrix. Composite laminates typically behave in a linear elastic manner until a
local failure happens. The local failure within the laminate changes the global stiffness, and in
particular the global stiffness decreases. Hence, the tangent stiffness matrix [K7] depends on the
material properties as well as the unknown displacement solution {D}. In the progressive failure
analysis, a nonlinear analysis is performed until a converged solution is obtained for a constant set
of material properties. The nonlinear analysis involves solving the linearized finite element

equations for the k ™ iteration

[K7]%{aD} = {R}®

{D}**V = (D} + {AD}
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1% are functions of the

where the tangent stiffness matrix [KT](") and force imbalance vector {R
displacements (D}© . Solving the equilibrium equations is an iterative process where the K" step
requires computing the displacement increment {AD} for the k +1 load step using the k" tangent
stiffness matrix. Then the k" displacement vector {D} is updated using {AD}. Having a new
displacement solution, the force imbalance vector {R} and possibly the tangent stiffness matrix [K7]
are updated, and the process is continued for the next iteration. The solution process is continued
until convergence is achieved by reducing the force imbalance {R}, and consequently {AD} to
within some tolerance.

Using this nonlinear solution corresponding to a given load step, the lamina stresses are determined
and used with a failure criterion to determine whether any failures have occurred during this load
increment. If no failures are detected, then the applied load is increased, and the analysis continues.
When a failure in the laminate occurs, a change in the stiffness matrix due to a localized failure is
calculated considering the material degradation model. If the load step size is too large, static
equilibrium needs to be re-established by repeating the nonlinear analysis at the current load step
using the new material properties in the tangent stiffness matrix. This process is repeated until no
additional failures are detected. Alternatively, small load step sizes can be used thereby minimizing
the effect of not re-establishing equilibrium at the same load level. This incremental iterative
process is performed until a lack of convergence in the nonlinear solution occurs.

The most popular iterative scheme for the solution of nonlinear finite element equations is the
Newton-Raphson procedure, Figure 30, which is widely used because it generally converges quite

rapidly.
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Figure 30: Newton Raphson method

However, one of the drawbacks of the Newton-Raphson procedure is the large amount of
computational resources needed to evaluate, assemble, and decompose the tangent stiffness matrix
at each iteration.

To reduce the computational effort, a Modified Newton-Raphson procedure is commonly used. The
modified Newton-Raphson procedure differs from the Newton-Raphson method because the
tangent stiffness matrix is not updated on each iteration but periodically during the analysis, such as

at the beginning of each new load step.

4.2 Failure analysis

The catastrophic failure of a composite structure rarely occurs at the load corresponding to the
initial or first-ply failure. Instead, the structure collapses due to the propagation or accumulation of
local failures (or damage) as the load is increased. Initial failure of a layer within the laminate of a
composite structure can be predicted by applying an appropriate failure criterion or first-ply failure
theory. The subsequent failure prediction requires an understanding of failure modes and failure
propagation. Composites may fail by fiber breakage, matrix cracking, or by delamination of layers
The failure mode, among several factors, depends upon the loading, stacking sequence, and
specimen geometry. These failure modes depend on the constituent’s strength properties, whereas
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delamination may be due to manufacturing anomalies during lay-up or curing or out-of-plane
effects. However, the progressive failure methodology applied in this work only includes
predictions for fiber breakage and matrix cracking. Various failure criteria have been proposed in
literature to predict the intralaminar damage in composite laminate; a good review of composite
failure theories and related failure criteria was given in [37]. Most failure criteria are based on the
stress state in a lamina. Ideally, a three-dimensional model is desirable to obtain accurate stresses
and strains. However, due to the extensive amount of computational time required for a three-
dimensional analysis, two-dimensional failure analyses are usually performed using plate and shell
finite element models. Failure criteria are intended to predict macroscopic failures in the composite
laminate and are based on the tensile, compressive, and shear strengths of the individual lamina. If a
stress limit within a lamina/layer is not exceeded, the material properties in the layer are not
changed and then the other layers within the laminate are checked. When a material allowable value
is exceeded in a layer, the engineering material constants corresponding to the related failure mode
are reduced in according to the material degradation model.

Often, failure criteria for composite materials are classified into two groups [15]:

* Non-Interactive Failure Criteria: they don’t include interactions between the stress or

strain components. These criteria, sometimes called independent failure criteria,
compare the individual stress or strain components with the corresponding material
allowable strength values. The maximum stress and maximum strain criteria belong to
this category. Both failure criteria indicate the type of failure mode. The failure surfaces

for these criteria are rectangular in stress and strain space, respectively [38].

e Interactive Failure Criteria: they involve interactions between stress and strain

components. Interactive failure criteria are mathematical in their formulation. Interactive
failure criteria fall into three categories: (1) polynomial theories, (2) direct-mode
determining theories, and (3) strain energy theories. The polynomial theories use a
polynomial based upon the material strengths to describe a failure surface [39]. The
direct-mode determining theories are usually polynomial equations based on the material
strengths and use separate equations to describe each mode of failure. Finally, the strain
energy theories are based on local strain energy levels determined during a nonlinear

analysis.
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The most popular polynomial failure criterion for composite materials is the tensor polynomial
criterion proposed by Tsai and Wu [40]. Other quadratic failure criteria includes Tsai-Hill [41, 42],
Azzi and Tsai [43], Hoffman [44]. One of the disadvantages of these quadratic failure criteria is that
they predict the failure but say nothing about the failure mode or how the composite fails.

Direct-mode determining failure criteria are very useful in progressive failure analysis because,
respect to the other two categories, they also describe the failure mode of the composite laminate,
i.e. how the composite fails. Hashin criterion [45] belongs to this category and it has been applied in
this work. This criterion distinguishes four failure modes: tensile fiber, compressive fiber, tensile

matrix and compressive matrix. The Hashin failure indices (FI;) are the following ones:

tensile fiber mode
2 2 2
+ .
Fly= (2) +22%8 if g, >0
Fyt Fiz
compressive fiber mode

01

FI, = (F—)2 if 3, <0

1c

tensile matrix mode

Fl, = ("2“’3)2 4oy o (o4 6> 0

Fp¢ Fi Ff

compressive matrix mode

2 2 2 2 2
1 F; o,+0 053—07,0 01,+0
F1=—[(—“) —1] 0y + 03) + (2) 4 BB L I if (g, 4+ 03) < 0

4 Fyc 2F,3 ( 2 3) 2F,3 F223 F122 f( 2 3)
where 0j; is the stress in the material directions, and Fj,, are the lamina allowable stresses.

Failure occurs if FI; >1. In this work Hashin formulation for shell elements has been used.

4.3 Material degradation

If failure is detected in a lamina of the composite material, the properties of that lamina have to be
degraded in according to a material property degradation model; in general three categories can be
identified [15], Figure 31: instantaneous unloading [46], gradual unloading [47, 48] and constant

stress at ply failure [49]. For the instantaneous unloading case, the material property associated with
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that mode of failure is degraded instantly to zero. For the gradual unloading case, the material
property associated with that mode of failure is degraded gradually (linearly or exponentially) until
it reaches zero. For the constant stress case, the material properties associated with that mode of
failure are degraded such that the material cannot sustain additional load. The behaviour of the
lamina as it fails, as well as which elastic constants are degraded, depends on the failure mode of

the composite laminate.

constant stress
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Stress
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Figure 31: post-failure degradation behaviour in composite laminate [15]

4.4 Re-establishment of equilibrium

Once a lamina fails and the stiffness properties have been degraded, it is often necessary to
recalculate the element stiffness matrices and update the tangent stiffness matrix of the model. This
new tangent stiffness matrix accounts for the local changes in material stiffness as well as any large
deformation effects associated with geometric nonlinearities. The nonlinear analysis procedure
described earlier is then used to re-establish equilibrium at the same load level for the composite
structure with localized failures. To establish equilibrium, additional iterations may be required
until a new converged solution is reached. Once obtained, checks for subsequent lamina failures are

necessary. If the load steps are restricted to be small, such a procedure may not be needed.
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4.5 MSC Nastran® PFA capability

PFA is carried out in MSC Nastran® by using SOL 400 solution sequence, [50]. The progressive
failure mechanism implemented in MSC Nastran® foresees:

e linear elastic behaviour of the composite laminate up to a local failure happens;

e the composite laminate is failed on layer-by-layer basis;

e upon failure, the elastic properties are scaled down;

¢ the degradation model is selective (if matrix fails, the fiber properties do not change);

¢ the degradation model can be immediate or gradual.

In particular, in this work the PFA has been executed in MSC Nastran® software by selecting:

v Hashin criteria, to detect the lamina failure (§ 4.2).

v the immediate (instantaneous unloading) degradation model: when failure occurs, the
respective material moduli are set to a fraction of the original value (residual stiffness factor,
K); in particular, when lamina failure is detected by using Hashin criteria, if the failure mode
is the fiber mode, the lamina property E; is reduced; if the failure mode is the matrix one,
E;, Gia, Gz and Gy3 are reduced. For sake of clarity, the stiffness material property
associated with that mode of failure (E;) is degraded instantly to a fraction K of the initial
value: Ej nen = K Ej oi4.

v Pure Full Newton-Raphson iteration method for the solution of nonlinear finite element
equations.

v’ automatic adaptive load stepping procedure in order to minimize the time step dependence.

The immediate degradation model has been preferred to the gradual one. This choice is due to
previous results of progressive failure analyses performed by using MSC Nastran® code to simulate
simple experimental test cases ([36]): the residual strength obtained by using the gradual
degradation model was quite overestimated respect to the experimental results, while the results

obtained with the immediate model better fitted the experimental data.

About the finite element used for the discretization of the composite structure illustrated in this
work, a four-node layered shell element has been applied: Element 75. This element is a four-node,
thick-shell element with global displacements and rotations as degrees of freedom, with a full

integration scheme. Bilinear interpolation is used for the coordinates, displacements and the
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rotations. It is a very efficient and simple element which exhibits correct behaviour in the limiting
case of thin shells. Due to its simple formulation when compared to the standard higher order shell

elements, it is less expensive and, therefore, very attractive in nonlinear analysis.
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S DISCRETE DAMAGE MODEL ANALYSIS

According to the new design criteria and approaches illustrated in § 2.2.2 and § 2.2.3, in order to
evaluate the real capability of the stiffened panels, discrete damages have been introduced in the
panel and keeping the mechanical strength properties of the material without degradation for BVID
(Figure 17-a), in contrast to the traditional design based on the assumption of the whole panel
uniformly damaged by applying a knock-down factor Kgyip. For this purpose, according to the
simplified design approach illustrated in § 2.2.3 and in particular to the indications enclosed in the
guidelines for the preliminary design of composite structures issued by Northrop Grumman [23], a

hole 6.35 mm (1/4 ") in diameter has been selected as equivalent to the BVID.

For the research objectives of the present work discrete damages only in the skin of the panel have
been analysed, and no delaminations and disbonding skin-stringers have been considered. In a
future research activity it is foreseen to analyse the panel response in presence of delaminations and
skin-stringer disbondings.

The entire panels are discretized by means of four-node layered shell element with a full integration
scheme (§ 4.5) and the linkage between the skin and the stringers is modelled by contact elements

with multi-point constraints option.

PFA has been performed according to the methodology illustrated in § 4.

5.1 PFA of the panel critical at strength

PFA has been performed for the panel located at wing root and sized at strength, panel 1 (Figure
18) with a hole of 6.35 mm in the skin, in the middle of the central stringer bay, and without the

application of the knock-down factor Kgyp.

The boundary conditions of the panel are the same ones applied for its design by means of
Hypersizer® in stand-alone approach (§ 3.1.4); Figure 32 summarizes its geometry and boundary
conditions. The panel is loaded in axial compression: a uniform displacement along the y-axis is

applied to the edge AB.

45



Chapter 5 Discrete damage model analysis
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Figure 32: reference panel critical at strength (panel 1)

5.1.1 FE Model validation

Before performing PFA on the panel with the hole under compressive load, FE analyses have been
initially developed on the reference panel (Figure 18) with and without Kgyip (Figure 17); Figure 33
shows the FE model.

Figure 33: FE model of the panel
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This model has been used in order to evaluate both the rightness of the FE model and to compare

the FEA results with those ones obtained with Hypersizer® code (§ 3.1).

In detail, the following FE analyses have been performed on the model of Figure 33:
a) linear buckling,
b) nonlinear static with and without Kgyp,

¢) PFA with and without Kgyp.

and the following nomenclature has been used
- BUCK: buckling;
- DA: damaged — BVID degradation of the material strength allowables by Kgvp, Figure 17-b;
- HS: Hypersizer®/ stand-alone design;
- LB: linear buckling
- NL: nonlinear analysis;
- UDA: undamaged — no BVID degradation of the material strength allowables (NO Kpgvyp),
Figure 17-a;
- TF: Total Failure (collapse load)

Figure 34 illustrates the Reaction Force vs the Applied Strain for the analysis of the above point a)
and b) and the results obtained with Hypersizer®.
According to the results of the nonlinear analysis illustrated in Figure 34, it has been not necessary

the introduction of a buckling trigger (perturbed mesh) to evaluate the buckling load.
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Figure 34: Reaction vs Applied Strain — Linear and Nonlinear analysis — Hypersizer® results

The results of the FE analyses are well correlated to those ones of the stand-alone design by

Hypersizer®. The result of the FE linear buckling analysis is higher of about +5% with respect to

that one of the stand-alone design, HS_BUCK. FPF values obtained by nonlinear FE analyses, DA

and UDA models, are higher of about +3.5% and +7% respectively. Hypersizer® is slightly more

conservative.

The FE linear buckling and nonlinear buckling analyses, with and without Kgyip (DA and UDA),

are as expected very close to each other.

For the nonlinear analysis without PFA, as expected the FPF load is coincident with the total failure

load TF, i.e. collapse load of the panel; the PFA is not activated, so the damage of the panel does
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not trigger the degradation of material causing a stiffness reduction of the structure; the slope

changing is only due to the buckling phenomena and it is the same for the UDA and DA panels.

Figure 35 shows the Reaction Force vs the Applied Strain for the analysis of the above point c):

PFA for DA and UDA panels and the comparison with the results of the nonlinear analysis.

PFA has been performed to verify if the there is a difference in the total failure evaluation of the

panel respect to the nonlinear analysis.
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Figure 35: Reaction vs Applied Strain — PFA and Nonlinear analysis

The results of the PFA illustrated in Figure 35 confirm that the panel is sized at strength: the total

failure, i.e. collapse load of the panel, is lower than the buckling load for both the panels UDA and

DA.
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The values of the FPF and the TF loads obtained by the PFA are coincident for both the UDA and
DA panels, and they are coincident with the results obtained with the nonlinear analysis (FPF),
therefore as happens for the results of the nonlinear analysis, no damage evolution occurs.

This is due to the following consideration:

because of the type of load (pure compressive load), because of the boundary conditions and the
geometry of the panel (panel without hole), it is reasonable to assume that the distribution of stress
is the same in each section of the panel orthogonal to the load direction; therefore, for a given
lamina, the value of stress will be the same in each point of the panel; when the failure is reached in
the lamina oriented at 0° (load direction), the panel is not able to withstand additional loads, and
then collapses: this confirms that the FPF load and the TF load are the same and therefore no

residual strength is available.

Furthermore, the values of the failure strains obtained by the PFA analysis (equal to those ones of
the nonlinear analyses), 3757.38 ue for the DA panel and 5451.79 pe for the UDA panel, are as

expected practically coincident with the allowable compressive design values respectively of the

material with Kgyp (Figure 17-b, €,=3768 ue) and of that one without Kgyip (Figure 17-a,

€.,=5383 pe). The slight differences are only due to purely numerical aspects.

5.1.2 PFA for the panel with hole

PFA has been performed on the panel with one hole in the middle of the central stringer bay, Figure
36. In this case, the allowable compressive design values are degraded taking into account only
temperature and moisture effects and B-basis statistical reduction; no BVID knock-down factor is

applied because BVID has been taken into account by introducing the hole in the panel.

Figure 36: FE model of the panel with one hole in the middle of the central stringer bay
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Figure 37 illustrates the Reaction Force vs the Applied Strain for the above panel (UDA_1H). The
presence of the hole (i.e. defect/damage) triggers off the degradation of the material inducing a
propagation of the damage from the initiation of the failure in a lamina, FPF load, up to the total
failure of the panel, TF load: FPF load and TF load are not coincident.

This result is in contrast respect to that one obtained for the UDA and DA panels (i.e. without hole,

§5.1.1).
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Figure 37: Reaction vs Applied Strain — panel with hole in the middle of the central stringer bay

Figure 38 illustrates the damaged elements (elements in red) at different load substeps: from the
FPF up to the total failure. As expected, the failure of the panel starts close to the hole and it
propagates along a line perpendicular to the load direction. The damaged ply is the fifth one of the

skin laminate, oriented at 0° (Figure 32), and characterized by compressive fiber failure.
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Figure 38: progressive failure of the panel UDA_1H
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Figure 39 compares the Reaction Force vs the Applied Strain of the PFA for the panel with the hole
(PFA_UDA_1H, Figure 37) and of the PFA for the DA panel (uniformly damaged panel by the

application of Kgvip, Figure 35).

1600 C

1400

1200

1000

800 [}

Reaction [kN]

600

400

200

o CF T T T T T } T T T T T &
o 500 1000 1500 2000 2500 3000 3500 4000 4500 5000 5500
Applied Strain [ue]
—PFA_DA A PFA_DA_FPF ¥ PFA_DA_TF
——PFA_UDA_1H A PFA_UDA 1H_FFF X PFA_UDA_1H_TF
FPF Load | FPF Strain || Total Failure % FAILURE Strain %
[kN] [pe] [kN] [ke]
PFA_DA 1499.15 3757.38 1499.15 - 3757.38 -
PFA_UDA_1H 792.52 1966.39 1406.48 -6.18% 3525.12 -6.18%

Figure 39: Reaction vs Applied Strain — PFA — panel with hole and DA panel

The difference of the total failure is only of about 6% between the two models, Figure 40.

The presence in the skin of only one hole 6.35 mm in diameter, the same hole diameter on which is

based the OHC test [25], returns practically the same residual strength of the DA panel. In particular

the slight lower value of residual strength of the panel 1 with one hole respect to the DA panel

should be due to the fact that the factor Kogc, applied to the material compressive allowable as

BVID, is based on the test executed on the QI laminate (25% 0°, 50% =+ 45°, 25% 90°) as demanded

by OHC test, while the layup of the skin of the panel is characterized by a different layup: 42.86%
0°, 42.86% +45°, 14.28 % 90° (Figure 18).
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The increment of the plies along 0° direction respect to the QI laminate should reduce the residual

strength of the laminate.

Model with reduced allowable by Kg, ..o, Kyam

Model with reduced allowable
by Kgyp (=Konc Ql)

Model with hole
and NO KBVID

Total Failure [pse]

3525 (-6%)

L2z

PRl

= Due to difference between Ql layup and no QI layup
(42.86% 0°, 42.86% £45°, 14.28% 907)

Figure 40: panel 1H vs DA panel

In support of this result a campaign of numerical validation of the OHC test has been executed and

also a sensitivity analysis of the residual strength with the ratio W/D (ratio between the width of the

coupon and the hole diameter).

In particular on the base of the result of the OHC test available from the material datasheet, PFA

analysis has been performed in order to reproduce numerically this test and to confirm the

capability of the PFA to give realistic results, therefore also for the above stiffened panel even if it

is characterized by a more complexity of the FE model.

The results of the residual strength for different layups and W/D values are shown in Figure 41.
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Figure 41: OHC test simulation — failure strain vs W/D for different layups
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W/D = 6 is the value specified in the ASTM standard regulation for the OHC test [25].
For all the layups the ultimate strain (i.e. total failure) reaches a plateau for W/D = 15.
The ultimate strain decreases with the increment of the percentage of the plies oriented along 0°
direction; in particular the lowest value is that one relative to the layup of the skin of the stiffened
panel under investigation (layup 2, Figure 41), and therefore lower than the value obtained for the

QI laminate.

The open span W of the panel is equal to 75 mm, Figure 42; the ratio W/D is 11.81.

WiD =11.81

Figure 42: reference panel — W/D ratio

According to the results illustrated in Figure 41, the knock-down factor Kopc for the same layup of
the skin of the panel and for W/D = 11.81 is equal to 0.65:
KOHC = SOHC (W/Dzl 1.81)/8Cu_unn0tched = 4750/7333 = 0.65.

This factor, if applied to the total failure value of the UDA panel (PFA_UDA), that is 5430 pe
(Figure 35), would give an ultimate strain of the same panel but with one hole of about 3530 pe,
that is practically coincident with the value of total failure obtained by the PFA executed on the FE
model of the panel with one hole and without Kgypp, PFA_UDA_IH (Figure 39), as it is

summarised in the next Figure 43.
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28ply_[42.86%;42.86%;14.28%] W/D=11.81
€.u FEM-OHC Kouc FEM
[ue]
4750 \ 065 )
Model with Model with hole
Total Failure [ps] 5430 3525 (5430 X K, = 3530)

Figure 43: total failure of the stiffened panel on the base of OHC test

This result establishes that in the evaluation of the total failure of the stiffened panel it is dominant
the effect of the ratio W/D:
e the total failure of the stiffened panel is obtained from the OHC curve (ultimate strain vs

W/D, Figure 41) for the same skin layup and W/D value of the panel.

In confirmation of this consideration, the PFA has been performed also for the two stringers subpart
of the reference panel (same W/D ratio), as illustrated in Figure 44; the value of the total failure of
the panel with two-stringers is practically equal to that one of the whole panel with six stringers,

confirming that the dominant parameter is the ratio W/D.

WID = 11.81
|-gP 1
N ——_— Model with hole Model 2 Stringers with hole
Total Failure [ug] 3525 3412 (-3%)
2 stringers
g, P l
! . L

Figure 44: total failure — reference panel (6 stringers) vs panel with 2 stringers
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5.2 Sensitivity of the total failure to damage density for the panel critical at strength

Discrete damages, holes 6.35 mm in diameter, have been considered in different locations in the
skin of the panel critical at strength, panel I (Figure 18), and without the application of the knock-
down factor Kgyip. The scope has been the evaluation of the sensitivity of the collapse load of the
panel with respect to the different locations of a single damage and also in presence of multi-
damage maps (damage density). In the latter case maps with three, five, and seven holes have been
considered.

Figure 45 illustrates a scheme of the different locations of the holes in the skin and the relative

identification code.
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Figure 45: schemes of the hole locations
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In particular the main locations of the single hole in the skin are:

in the middle of a stringer bay (1Ha),

at the edge of the cap of the stringer (1Hb),

under the cap of the stringer (1Hc),

very close to the cap of the stringer (1Hd).

The multi-hole maps, with 3, 5 and 7 holes are a combination of the above mentioned cases with a

single hole.

5.2.1 PFA results for the panels with one hole

Figure 46 summarizes the PFA results obtained for the four different hole locations, 1Ha, 1Hb, 1Hc,

1Hd, reported in Figure 45. The results show that:

- all the hole locations anticipates the TF load respect to the UDA panel (2166.42 kN, Figure 35)
of at least 33%, for the least critical case 1Hc, up to 38% for the most critical case 1Hb;

- in terms of FPF and TF load, the hole under the cap of the stringer (1Hc) is the least critical
location;

- the most critical location in terms of FPF is obtained with the hole 1Ha (in the middle of the
stringer bay);

- the total failure reaches its lowest value with the hole at the edge of the cap of the stringer (1Hb),

in particular it is lower of about 8% than the least critical case 1Hc.
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PFA_UDA_1Ha 792.52 |-16.08% | 1966.39 |-16.06%| 140648 | -3.51% 3525.12 -3.12%
PFA_UDA_1Hd 944.32 -0.01% | 234252 0% 1369.60 | -6.04% 3433.40 -5.64%
PFA_UDA_1Hb 843.15 |[-10.72%| 2091.77 |-10.70%| 1334.78 | -8.43% 3345.85 -8.05%

Figure 46:

Reaction vs Applied Strain — panels with all the hole locations 1H

The panel 1Hc is the least critical panel thanks to the stringer; in fact the cap of the stringer

performs the function of a sort of bridge for the load.

5.2.2 PFA results for the panels with multi-hole maps

Four different maps characterized by the simultaneous presence of three holes have been analysed:

3H, 3H2, 3H3, 3H4 (Figure 45); in particular:

maps 3H and 3H2 are a combination of 1Ha (hole in the middle of a stringer bay), 1Hb (hole at

the edge of the cap of the stringer), 1Hc (hole under the cap of the stringer);

map 3H3 and 3H4 are a combination of 1Ha, 1Hb, and 1Hd (hole very close to the cap of the

stringer).

60



Chapter 5

Discrete damage model analysis

Figure 47 summarizes the PFA results obtained for these maps:

- all the four maps, 3H, 3H2, 3H3, 3H4, anticipate the TF load respect to the panels with one hole
(Figure 46), also up to a reduction of about 11%;

- 1in terms of FPF load, the results are coincident for the maps 3H2 and 3H4;

- in terms of total failure, the results are very close to each other; the results of the maps 3H2 and

3H4 are the same. The total failure reaches its lowest numerical value with the map 3H.
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——PFA_UDA_3H3 A PFA_UDA_3H3_FPF * PFA_UDA_3H3_TF
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FPF Load o FPF Strain s Total Failure o FAILURE Strain o
[kN] [pe] [kN] [pee]

PFA_UDA_3H2 842.46 - 2091.77 - 1330 - 3340 -
PFA_UDA_3H4 842.41 |-0.01% 2091.77 0% 1320 -0.75% 3340 0%
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PFA_UDA_3H 892.97 6.00% 2217.14 5.99% 1299 -2.33% 3311.57 -0.85%

In order to evaluate if further holes in the skin of the panel, in addition to the ones just considered,
could reduce the total failure of the panel further, the PFA has been performed considering maps of
five holes, SH, and 7 holes, 7H (Figure 45). In Figure 48 the PFA results for the panel with five

holes and seven holes have been compared with those ones of the panels with three holes of Figure

47.

Figure 47: Reaction vs Applied Strain — panels with 3 holes
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Figure 48: Reaction vs Applied Strain — panels with 3 holes, 5 holes, and 7 holes

As expected, the panel SH and 7H have a lower collapse load respect to the panels with 3 holes. The

residual strength of the panel with seven holes, 7H, is practically coincident with that one of the

panel with five holes, SH:

1240.49 kN of the panel 7H against 1252.18 kN of the panel 5H, with a difference of only about

1%.

Figure 49 shows the damaged elements at the collapse point of the panel SH.
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Figure 49: collapse of the panel SH — without deformed shape
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5.2.3 Resume of the PFA results

Table 1 summarizes the most critical values of the total failure load obtained for the UDA panel and

for each of the four panel configurations (with one hole, three holes, five holes, and seven holes),

and Table 2 summarizes their relative comparison.

UDA 1 hole 3 holes 5 holes 7 holes
Total Failure (kN) 2166.42 1334.78 1299 1252.18 1240.49
FAILURE Strain [pue] 5430 3346 3312 3131 3115
Table 1: summary of the most critical values of the Total Failure load for the different damage
scenarios
1 hole -38.39% vs UDA
3 holes -40% vs UDA -2.68% vs 1 hole
5 holes -42.20% vs UDA -6.19% vs 1 hole -3.60% vs 3 hole
7 holes -42.74% vs UDA -7% vs 1 hole -4.50% vs 3 hole -0.93% vs 5 hole

Table 2: comparison between the most critical values of the Total Failure load for the different
damage scenarios

The progressive failure analysis performed has shown the sensitivity of the total failure load of the

panel to different damage scenarios.

Both a single hole, but positioned in different locations, and maps of three, five and seven holes,

have been considered. The results are the following ones:

the total failure load of the damaged panels is rather lower than that one related to the
undamaged panel;

the results of the PFA have shown the sensitivity of the collapse load to the hole location;

the presence of three holes, five holes and seven holes in the skin reduces further the total
failure with respect to the panel with only one hole;

the results obtained for the maps with 3 holes are very close to each other;

the total failure of the panel with seven holes is practically the same of that one of the panel
with five holes;

a damage scenario with five holes is sufficient to completely exhaust the residual strength of

the stiffened panel, as illustrated in Figure 50.
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Figure 50: total failure of all the panel configurations

The above results provide useful guidelines in terms of real design value in compression to be
considered in the design of the stiffened panel respect to the traditional one.

In particular, even if a limited number of holes completely exhausts the residual strength of the
panel, on the other hand the compressive failure strain (3115 peg, seven holes, Table 1) is higher
than the design allowable obtained at coupon level by CAI tests, 2120 pe, and used in the traditional
design approach (§ 3.2.2). The compressive failure strain of 3115 pe could allow to design a lighter
panel and/or a panel with higher load carrying capability with respect to the panel obtained by the

traditional design. Figure 51 and Figure 52 summarize the latter considerations.

A measure of the low weight reduction achievable can be appreciated considering that according to
Figure 27 (weight vs compressive design value, § 3.2.2), the above panel designed by using as
design value 3115 pe, should have a weight lower of at least 30% than that one obtained by going
to resize the panel but using the traditional compressive allowable based on BVID degradation

factor, 2120 pe.
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5.3 Influence of post-buckling on the total failure of the panel with discrete damages

The sensitivity of the residual strength of a stiffened panel respect to different damage locations and
damage density has been performed also on a panel under compressive load but in post-buckling
regime.

In particular, the combined effects of the reduction of the panel stiffness and of the damage
propagation, and the sensitivity of the buckling onset and of the residual strength of the panel to

different damage scenarios, have been evaluated.

In this case it has been selected a stiffened panel with the buckling load lower than the failure load
(5383 e, no Kpyip, Figure 17-a). This panel can be considered as an equivalent upper skin panel
located toward the wing tip of the reference regional aircraft wing box. It is a flat panel,
characterized by T shaped stringers, and by a layup of 14 plies for the skin and 10 plies for the cap
of the stringer; Figure 53 illustrates the panel geometry and its boundary conditions.

The panel is loaded in axial compression: a uniform displacement along the y-axis is applied to the

edge AB.

600 mm
D ) C Boundary Conditions - Web Stringer
Ux=Free; Uy=U; Uz=0
Edge AB Rotx=Free; Roty=Free; Rotz=0.
Ux=Free; Uy=0; Uz=0
Edge cD Rotx=Free; Roty=Free; Rotz=0.
260 mm Boundary Conditions - Skin and Cap
o Stringer
90° Ux=Free; Uy=U; Uz=0
: Edge AB Rotx=0; Roty=Free; Rotz= Free.
B Ux=Free; Uy=0; Uz=0
[.....x A X B HeEc Rotx=0; Roty=Free; Rotz= Free.
—_ Ux=Free; Uy= Free; Uz=0
z i JJ% [ .f/ j B JL Edge AD Rotx=Free; Roty=0; Rotz= Free.
L | | | ; e Ux=Free; Uy= Free; Uz=0
- ZE ge Rotx=Free; Roty=0; Rotz= Free.
M — : Ux=0; Uy=0; Uz=0
Point E Rotx=0; Roty=Free; Rotz=0.
Ux=0; Uy= Free; Uz=0

37 mm I! il Rotx=0; Roty=Free; Rotz=0.

skin: 14_[45/-45/0/0/90/45/-45]s t=2.6 mm
stringer_cap: 10_[45/-45/0/0/90]s t=1.86 mm, t_web =3.72 mm

Figure 53: panel geometry and boundary conditions
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The above panel is the UDA panel: it is characterized by lamina material properties degraded only
for temperature and moisture effects, and B-basis statistical reduction, and without degradation due
to BVID, Figure 17-a.

As for the panel critical at strength illustrated in § 5.1, the damage degradation has been simulated

by introducing discrete holes in the skin of the panel.

The finite element model of the UDA panel is shown in Figure 54.

Figure 54: FE model of the UDA panel

The FE analysis of the UDA panel, performed according to the traditional design approach which is
essentially based on linear analysis and on the first-ply-failure design criteria, has given the critical
values shown in Table 3 for buckling and failure, where Uy, is the critical displacement, Py, is the
critical load, and €,.., the critical compressive strain. Hashin criteria ([45], § 4.2) has been used to

predict the lamina failure load.

Uy—cr (mm) Py—cr (kN) Ey-cr (L)
Linear Buckling Analysis 0.85 516.60 3280
Linear Failure Analysis 1.40 864.98 5385

Table 3: UDA panel - linear buckling and failure analysis results

The panel buckles at an imposed displacement of 0.85 mm and would fail at 1.40 mm in absence of
buckling. Figure 55 shows the first buckling mode.
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AlMode 1 Factor = 10763

Figure 55: UDA panel - linear buckling analysis: first mode.

Before performing the PFA on the panel with discrete damages, preliminary nonlinear analysis and
also PFA have been performed on the UDA panel in order to compare these results with those ones

obtained by linear FE analysis.

5.3.1 Nonlinear and PFA results for the UDA panel

Figure 56 illustrates the Reaction Force vs the Applied Strain obtained by linear analysis (L) and
nonlinear analysis (NL) for the UDA panel. According to the results of nonlinear analysis illustrated
in Figure 56, it has been not necessary the introduction of a buckling trigger (perturbed mesh) to
predict the buckling load of the panel.

The comparison of the results highlights that the buckling loads (L_UDA_BUCK,
NL_UDA_BUCK) are practically the same for linear and nonlinear analyses as expected. With
regard to the failure analysis, in the nonlinear case the failure occurs before. As expected, this result
is due to buckling event:

when the structure reaches the onset of buckling, it assumes a deformed shape that leads to FPF

anticipation; additional analyses performed constraining the out-of-plane displacements of the panel
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(to prevent buckling phenomena) have confirmed the previous result. In the nonlinear analysis
shown in Figure 56 the PFA is not activated, so the damage of the panel does not trigger the
degradation of material causing a stiffness reduction of the structure; the slope changing is only

due to the buckling phenomena.
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L_UDA 516.60 - 864.98 - 5385 -
NL_UDA 529.02 + 2.40% 604.89 -30.07% 3895.35 -27.66%

Figure 56: Reaction vs Applied Strain — UDA panel — Linear and Nonlinear analysis

Figure 57 compares the Reaction Force vs the Applied Strain of the nonlinear analysis (NL) and of
the PFA for the UDA panel. The PFA has been performed to evaluate the structural behaviour after
the FPF point, therefore the total failure TF, i.e. the collapse load. Applying the PFA, the values of
the FPF load and of the TF load are coincident, so no damage evolution occurs. After the buckling

onset, the stress distribution is such that at each buckle crest there are the maximum stress values
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(due to the local bending), therefore the failure starts in that points. Because of the type of load and
boundary condition and the panel configuration, at each buckle crest the stress assumes the same
value and there are several failed plies. So, the trigger failure points are more than one and they are
positioned in the panel in such way that, immediately after the failure onset, the panel collapses.
This explains that the FPF load and the TF load are the same. Figure 58 illustrates the deformed
stiffened panel at the total failure point with the displacements (left side) and damaged elements

(right side) contour plot.
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Figure 57: Reaction vs Applied Strain — UDA panel — Nonlinear analysis and PFA
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Figure 58: deformed panel at the collapse point. Displacements (left side) and damaged elements (right
side) contour plot

The above results have confirmed that the UDA panel buckles prior to failure; it enters the post-

buckling regime before its collapse.

5.3.2 PFA results for the discrete damage model

Discrete damages, simulated by 6.35 inch diameter holes, have been introduced in the skin of the
UDA panel. At first, the sensitivity of the residual strength of the panel to the different locations of
a single hole has been evaluated. Then also multi-hole (multi-damage) scenarios have been
considered. Maps with three and five holes have been applied to evaluate the sensitivity of the total
failure of the panel with respect to the damage density.

Figure 59 illustrates a scheme of the different locations of the holes in the skin and the relative

identification code.

71



Chapter 5 Discrete damage model analysis

1Ha 1Hb 1Hc
®
° o
1Hd 1He
® ®
3H 3H2 3H3
™S Ty
° e .
® o
S5H

S 10 B S

Figure 59: schemes of the hole locations

In particular the main locations of the single hole in the skin are:
- under the cap of the stringer (1Ha),
- at a buckle crest (1Hb),
- in the middle of a stringer bay (1Hc),
- at the edge of the cap of the stringer (1Hd),

- very close to the cap of the stringer (1He).

For sake of clarity, Figure 60 shows the images of the FE models of the panels with a single hole.

The multi-hole maps are a combination of the above mentioned cases with a single hole.
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1Hb
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Figure 60: FE models of the UDA panel with a single hole

> PFA results for the panel with one hole

The results of the PFA performed on the UDA panel with a single hole in the skin (Figure 60), have
shown that the presence of the hole triggers off the degradation of the material inducing a
propagation of the damage from the initiation of the failure in a lamina, FPF load, up to the total
failure of the panel, TF load: FPF load and TF load are not coincident. This result is in contrast
respect to that one obtained for the UDA panel (i.e. without hole, § 5.3.1).

For example, in Figure 61 the Reaction Force vs the Applied Strain for the panel 1Hc (hole in the
middle of the stringer bay) is shown. Respect to the UDA panel (PFA_UDA results, Figure 57), the
presence of the hole 1Hc induces no-buckling onset and anticipates both the FPF load and the TF
load. The TF load reduction is about 16%: 507.50 kN against 601.09 kN of Figure 57.
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Figure 61: Reaction vs Applied Strain — panel with hole 1Hc

Figure 62 shows the damaged elements at different time substeps. As expected, the failure of the

panel starts close to the hole (Figure 63) and it propagates along a line perpendicular to the load

direction. The damaged ply is the third one of the skin laminate, oriented at 0° (Figure 53), and

characterized by compressive fiber failure. Figure 64 shows the displacements and the damaged

elements contour plot on the deformed panel at the collapse point.
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Figure 62: progressive failure of the panel with hole 1Hc (without deformed shape)
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Figure 63: progressive damage around the hole — panel with hole 1Hc

75



Chapter 5 Discrete damage model analysis

,,-._.:-.

Figure 64: deformed panel at the collapse point. Displacements (left side) and damaged elements (right
side) contour plot

Figure 65 summarizes the PFA results obtained for the five different hole locations, 1Ha, 1Hb, 1Hc,

1Hd, 1He (Figure 59). The results show that:

- all the hole locations anticipates the TF load respect to the UDA panel (601.09 kN, Figure 57) of
at least 6%, for the least critical case 1Ha, up to about 19% for the most critical case 1He;

- the onset of buckling is sensitive to the hole location;

- only for the panels 1Ha (hole under the cap of the stringer) and 1Hb (hole at the buckle crest),
there is the onset of the buckling and therefore these panels enter the post-buckling regime
before the total failure occurs; the buckling loads of these panels are practically coincident and
they are also the same of that one of the UDA panel (527.27 kN, Figure 57);

- 1in terms of FPF and TF load, the hole 1Ha is the least critical location;

- the most critical location in terms of FPF is obtained with the hole 1Hc (hole in the middle of a
stringer bay);

- in terms of TF load, the results of the panels 1Hc, 1Hd and 1He, are very close to each other;
with the panel 1He, hole very close to the cap of the stringer, the total failure reaches the lowest

value, that is lower of about 14% than the least critical case 1Ha.
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Figure 65: Reaction vs Applied Strain — panels with all the hole locations 1H

The panel 1Ha is the least critical panel thanks to the stringer; in fact the cap of the stringer

performs the function of a sort of bridge for the load.

About the hole at the buckle crest, as it is known, generally at the buckle crest the stress reaches the

maximum value due to bending state induced by the buckling event. The presence of the hole at a

buckle crest, 1Hb, implies that the zone undergoes a stress reduction since the region with the

maximum bending has been eliminated. At the same time the hole generates a stress concentration

which depends by several geometrical parameters, so the maximum stress value could be so close to

the hole or to the buckle crest or so far from them. As it is illustrated in Figure 65, the higher total

failure load of the panel 1Hb respect to the cases 1Hc, 1Hd and 1He (holes no located at the buckle

crest), confirms that the hole 1Hb does not increase the stress distribution at the buckle crest.
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> PFA results for the panels with multi-hole maps

Three different maps characterized by the simultaneous presence of three holes have been analysed:

3H, 3H2, 3H3 (Figure 59); in particular:

- map 3H is a combination of 1Ha (hole under the stringer cap), 1Hb (hole at a buckle crest), 1Hd
(hole at the edge of the cap of the stringer).

- map 3H2 is a combination of 1Ha, 1Hb, and 1Hc (hole in the middle of the stringer bay).

- map 3H3 is a combination of 1Ha, 1Hb, and 1He (hole very close to the cap of the stringer).

Figure 66 summarizes the PFA results obtained for these maps:

- all the three maps, 3H, 3H2, 3H3, anticipate the TF load respect to the panels with one hole (
Figure 65), up to a reduction of about 15%;

- only for the first map, 3H, there is the onset of the panel buckling, and therefore the panel enters
the post-buckling regime before the total failure occurs; the buckling load is lower of about
10.5% than the one obtained with the panels with a single hole 1Ha and 1Hb (Figure 65);

- in terms of FPF load, the results are coincident for the maps 3H2 and 3H3; these values are lower
of 4.42% than the FPF load of the map 3H;

- in terms of total failure, the results are very close to each other and practically they are the same
for the cases 3H and 3H3. Figure 67 shows the damaged elements at the collapse point of the
panel 3H3.

In order to evaluate if further holes in the skin of the panel, in addition to the ones just considered,
could reduce the total failure of the panel further, PFA has been performed considering a damage
map of five holes, SH (Figure 59). In Figure 68 the PFA results for the panel with five holes have

been compared with those ones of the panels with three holes of Figure 66.
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Figure 66: Reaction vs Applied Strain — panels with 3 holes

L] 3H3

Figure 67: collapse of the panel 3H3 — without deformed shape
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Figure 68: Reaction vs Applied Strain — panels with 3 holes and 5 holes

The particular distribution of the five holes in the skin of the panel is such to promote a little

anticipation of the buckling onset respect to the panel 3H. As expected, the panel SH has a lower

collapse load respect to the panels with three holes, but however this value is practically coincident
with the lowest value of the TF load of the panels with three holes: 480.66 kN against 483.01 kN of
the panel 3H3, with a difference of only 0.5%.

5.3.3 Resume of the PFA results

Table 4 summarizes the most critical values of the total failure load obtained for the UDA panel and

for each of the three panel configurations (with one hole, three holes, and five holes), and Table 5

summarizes their relative comparison.

UDA 1 hole 3 holes 5 holes
Total Failure (kN) 601.09 488.45 483.01 480.66
FAILURE Strain [ue] 3866 3088 3062 3046

Table 4: summary of the most critical values of the Total Failure load for the different damage
scenarios
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1 hole -18.74% vs UDA
3 holes -19.64% vs UDA -1.11% vs 1 hole
5 holes -20.04% vs UDA -1.59% vs 1 hole -0.49% vs 3 hole

Table 5: comparison between the most critical values of the Total Failure load for the different
damage scenarios

The progressive failure analysis performed has shown the sensitivity of the final failure load and of

the buckling onset of the panel to different damage scenarios.

Both a single hole, but positioned in different locations, and maps of three and five holes have been

considered. The results are the following ones:

e the total failure load of the damaged panels is rather lower than that one related to the
undamaged panel;

e the results of the PFA have shown the sensitivity of the buckling onset to the hole location;

* in some cases the panel doesn’t buckle and it fails without enter the post-buckling regime, as it
happens instead for the undamaged panel;

e the presence of three holes in the skin reduces further the total failure with respect to the panel
with only one hole;

¢ the results obtained for the maps with 3 holes are very close to each other;

e the total failure of the panel with five holes is practically the same of the most critical value
obtained for the panels with three holes;

e a damage scenario with three holes in the skin, is sufficient to completely exhaust the residual

strength of the stiffened panel, as illustrated in Figure 69.
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Figure 69: total failure of all the panel configurations

The above results provide useful guidelines in terms of real design value in compression to be
considered in the design of the stiffened panel respect to the traditional one.

In particular, even if a limited number of holes completely exhausts the residual strength of the
panel, on the other hand the compressive failure strain (3046 pe, panel with five holes, SH, Table
4) 1is higher than the design allowable obtained at coupon level by CAI test, 2120 pe, and used in
the traditional design approach (§ 3.2.2). The compressive failure strain of 3046 e could allow to
design a lighter panel and/or a panel with higher load carrying capability with respect to the panel

obtained by the traditional design. Figure 70 and Figure 71 summarize the latter considerations.

A measure of the low weight reduction achievable can be appreciated considering that the above
panel designed by using as design value 3046 pe, should have a weight lower of about 30% than
that one obtained by going to resize the panel but using the traditional compressive allowable based

on BVID degradation factor, 2120 pe, and with equal load carrying capability.
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6 CAI TESTS AND EQUIVALENCE HOLE-BVID

CAL tests have been executed on coupons of the same layup of the skin of the panel critical at
strength characterised by 28 plies (42.86% 0°, 42.86% +45°, 14.28% 90°), § 5.1, and also on
coupons characterised by the basic laminate 24 plies QI. According to the design approach
illustrated in § 2.2.3, also compression tests on coupons of the same geometry of CAI ones but with
a central hole of 6.35 mm in diameter have been executed, in order to verify the equivalence
between the residual strength of the impacted laminate and that one of the open hole laminate. The
tests have been executed at different impact energy levels.

50 joule, according to the possible threats to the composite wing, is commonly accepted as cut-off
energy level for the definition of BVID.

PFA analyses have been performed to simulate the compression tests on the impacted and open-
hole coupons, and also the hole size equivalent, in terms of residual strength, to the experimental

impact damage has been numerically determined.

6.1 Test description and results

The impact tests on the coupons and the subsequent compressive residual strength tests have been
executed according respectively to the standard regulations ASTM D 7136/D 7136M — 07 [51], and
ASTM D 7137/D 7137M - 07 [6]; this test method is called CAI
The method allows to measure the residual strength of a laminate through two separate steps:
1. a flat, rectangular composite plate is subjected to an out-of-plane, concentrated impact using a
drop-weight device with a hemispherical impactor [51];
2. the composite plate, previously subjected to a damaging event, is tested under compressive

loading using a stabilization fixture [6].

A sketch of the coupon (i.e. plate) and of the impact test configuration is shown in Figure 72.
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Figure 72: coupon dimensions (mm) and sketch of the impact test

Four rubber tipped clamps restrain the specimen over a rigid fixture base and an hemispherical
impactor drops vertically with a certain impact energy.
The laminates tested are that ones of the skin of the stiffened panel critical at strength, § 5.1, and the
24-ply QI; according to the material reference system shown in Figure 72, the laminates have
respectively the following stacking sequence:
- 28 plies, [45/-45/45/-45/0/0/90/0/0/45/-45/0/90/0]s,
42.86% 0°, 42.86% +45°, 14.28% 90°; t = 5.208 mm;
- 24 plies, [45/-45/0/90]3s,
QI laminate, 25% 0°, 50% +45°, 25% 90°; t = 4.464 mm;

The following energy levels have been applied for the two laminates:
- 3017 and 50 J for the laminate 28 plies;
- 501J and 100 J for the QI laminate 24 plies;

in particular, for a wider investigation, also an energy level of 100 joule and therefore higher than

the cut-off energy has been considered for the QI laminate.

The impact tests have been performed by using the Ceast Fractovis 6789 machine with an
hemispherical impactor of mass equal to 8.64 kg and diameter equal to 20 mm. Figure 73 shows the

Ceast machine, the impactor and the fixture.
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fixture

impactor

CEAST FRACTOVIS 6789

Figure 73: impact machine and fixture

The compression after impact tests have been performed at room temperature and under
displacement control by using the MTS 810 servo hydraulic testing machine, Figure 74. As
prescribed by the standard regulation [6], an anti-buckling device has been used to avoid the onset
of instability in order to guarantee a pure compression failure, Figure 75-a. The compression load
has been applied along the largest dimension of the coupon which is the 0° laminate direction, and
strain gage sensors have been applied, as recommended by the standard regulation [6], Figure 75-b,

to monitor the deformation and the reaction.

Figure 74: MTS 810 servo hydraulic testing machine

86



Chapter 6

CAl tests and equivalence hole-bvid

@.— Top Assembly
— 1"

bl 1

/ e -

‘_. — Test Specimen

—— DBase Specimen

(2)

Strain gage
A
1 23 back-to-back
SN TR e
25 :
=
wy
= ]
2 1
2
Impact
point hE
Ed 90°

+— 100 —pn
(k)

Figure 75: sketch of the CAI test (dimensions in mm)

The coupons with the central hole of 6.35 mm in diameter have the same dimensions of the CAI

specimens; they have been tested in compression according to the same standard, ASTM D 7137/D

7137TM - 07 [6].

Figure 76 shows a CAI coupon of 28 plies before impact and another one characterized by the same

laminate and with the central hole 6.35 mm in diameter.

Figure 76: CAI coupon before impact and with the hole

For each energy level five coupons have been tested and a high repeatability has been found. In

order to evaluate the compression strength of the pristine coupons, compression tests has been also

performed on non-impacted coupons (Compression Before Impact - CBI tests). Table 6 shows the

results of the compression tests in terms of main total failure and indentation.
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P [kN] €cu (UE) % €., Vs pristine  Dent Depth (mm)
Pristine 255.764 6870 -

30 joule 156.706 4210 -38.72% 0.18
28-ply laminate

50 joule 138.206 3710 -46% 0.24
Hole 183.714 4930 -28.24% NA

Pristine 177.544 7579 -
24-ply laminate 50 joule 102.643 4382 -42.18% 0.18
oI 100 joule 89.413 3817 -49.64% 0.83
Hole 114.922 4906 -35.27% NA

Table 6: compression test results at RTD

The failure strains are evaluated according to the standard regulation ASTM D 7137/D 7137M - 07
[6].
For both the laminates
- the compressive failure strain with the hole is practically equal to the asymptotic value of
the corresponding numerical curves illustrated in Figure 41 being the W/D value of this
coupons equal to 15.75: this result confirms the rightness of the PFA;
- the compressive failure strain with the hole is higher than that one of the impacted laminates

for all the impact energies tested.

According to the test results, the hole 6.35 mm in diameter is representative of a less critical
damage respect to the BVID (indentation 0.8-1 mm, § 2.1.1) and/or the damage associated to the
cut-off energy level, 50 joule.

At least 100 joule are necessary to induce in the laminates an indentation of 0.8-1 mm, but this
energy level is anyway higher than the cut-off energy. For both the tested laminates the BVID is
that one associated to the cut-off energy level.

Figure 77 shows a coupon of 28 plies after the impact test at 50 joule, and Figure 78 shows the
corresponding ultrasonic C-SCAN image in amplitude and the associated damaged area: this value
is very close to the experimental values obtained by the test campaign on the 28-ply coupons.

Figure 79 shows, for the same laminate of 28 plies, an open hole coupon after the compression test.
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Figure 77: 28-ply laminate — impact test at 50 joule

Length fmem|

damaged area = 2282 mm?

Figure 78: 28-ply laminate — C-SCAN image, impact at 50 joule
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Figure 79: 28-ply laminate — open hole CAI coupon after compression test

6.2 Numerical simulation by PFA

FE models and PFA analyses have been performed to simulate the compression tests on the
impacted and open-hole coupons. In particular these numerical simulations have been focused on
the laminate 28-ply, and considering the impact at the cut-off energy level of 50 joule, BVID (Table
6, § 6.1).

Also the hole size equivalent, in terms of residual strength, to the experimental impact damage has
been numerically determined.

The PFA has been performed by using the progressive failure analysis MSC N astran® capability (§
4.5).

6.2.1 Residual strength of the impacted coupons

The FE model of the impacted 50 joule coupon was developed at CIRA in LS-DYNA® software for
the simulation of the impact test, and it was a result of an investigation presented in [52] aimed at
tuning a FE model reproducing the impact response of the composite laminate. Then the LS-

DYNA® model, with the damage distribution induced by the impact analysis, has been transferred
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to the MSC Nastran® model for the subsequent compression after impact analysis: shell layered

model, Figure 80.

'

L.

Figure 80: laminate 28-ply — FE model of the impacted coupon at 50 joule.

Figure 81 shows the numerical damage envelope for the 50 J impact test (elements plotted in
red/orange); this envelope is the projection on the plane of the coupon of all the shell elements
wherein at least one ply is failed according to the four failure modes: tensile fiber, compression

fiber, tensile matrix and compression matrix.
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damaged area =2207 mm2 (226 elements)

Figure 81: laminate 28-ply — numerical damage envelop at 50 joule

The measured numerical damaged area correlated quite well with that one measured from NDI
evaluation, Figure 78; in particular, the numerical value was 2207 mmz, estimated with a deviation

of only -3% with respect to the experimental data.

Figure 82 shows the numerical damage envelops for the four different failure modes.
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Figure 82: laminate 28-ply — numerical damage envelops at 50 joule for the different failure modes

For the subsequent compression after impact analysis by MSC Nastran®, for each element of the FE
model, the elastic material properties of each damaged lamina have been degraded, with respect to
the pristine material properties, by applying the degradation rules illustrated in § 4.5. Hence, the
damage status generated by the impact event in a certain area of the coupon is taken into account by

using degraded material properties in that zone.
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Once transferred the impact damage status to the MSC Nastran® FE model, the CAI analysis has

been performed by using the PFA; the boundary conditions applied to the FE model are defined by

the standard regulation of the CAl test, § 6.1 ([6]), and they are illustrated in Figure 83.

Tesl Specimen

Base Assembly

Boundary Conditions

Edge AB

U=0; U =free; U,=0;
ROT,=0; ROT, =0; ROT,=0

Edge BC

U=free; U=free; U.=0;
ROT,=0:; ROT,=0; ROT,~free

90° Edge CD

U= -Ug U =free; U=0;
ROT,=0; ROT, =0; ROT.=0

Ux=free; U =free; U.=0;
ROT,=0; ROT,=0; ROT.=free

¥ Edge DA
B C
Point E

Us0; Uy=0; U =0
ROT,=0; ROT,=0; ROT,=0

Point F

Up=-Us Uy=D0; U=0;
ROT,=0; ROT,=0; ROT,=0

Figure 83: boundary conditions for the numerical simulation of the CAI test

Figure 84 compares the numerical and the experimental results in terms of Reaction Force vs

Applied Strain; as far as the experimental curve is concerned, the average curve obtained from five

compression tests is reported. The mean failure load (138.21 kN, Table 6) and the stiffness of the 50

J impacted coupon have been well reproduced by the numerical CAI; Table 7 shows the comparison

between the total failure load, TF, evaluated numerically and that one experimental: the values are

practically coincident.
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FPF Load FPF Strain Total Failure FAILURE Strain
[kN] [1e] [kN] [pe]
CAI_28-ply_50] - numerical | 90.62 2400 138.70 4100

Figure 84: Reaction vs Applied Strain — laminate 28-ply impacted at 50 joule

Total Failure [KN]
28-ply laminate | Experimental 138.21 -
50 joule Numerical 138.70 +0.36%

Table 7: laminate 28-ply impacted at 50 joule — numerical TF vs experimental TF

6.2.2 Residual strength of the open hole coupons

The FE model of the coupon with the hole 6.35 mm in diameter is shown in Figure 85.

The boundary conditions are the same illustrated in Figure 83.
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ki

L

Figure 85: laminate 28-ply — FE model of the coupon with hole 6.35 mm in diameter

Figure 86 compares the numerical and the experimental results in terms of Reaction Force vs
Applied Strain; as far as the experimental curve is concerned, the average curve obtained from five
compression tests is reported. The mean failure load (183.71 kN, Table 6 ) is very close to that one
reproduced by the numerical compression test: Table 8 shows the comparison between the total
failure load evaluated numerically and that one experimental.

Figure 87 shows the damaged elements at different load substeps between the FPF load and the
collapse load TF; as expected, the failure of the panel starts close to the hole and propagates along a

line perpendicular to the load direction
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Hole_6.35mm_28-ply_numerical 88.48 2267 179.65 4866.67

Figure 86: Reaction vs Applied Strain — laminate 28-ply with hole 6.35 mm

Total Failure [KN]
28-ply laminate | Experimental 183.71 -
Hole 6.35 mm Numerical 179.65 -2.21%

Table 8: laminate 28-ply with hole 6.35 mm — numerical TF vs experimental TF
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Figure 87: laminate 28-ply with hole 6.35 mm - progressive damage

6.2.3 Hole size equivalent to the impact damage

Different holes sizes up to 25.4 mm (1 inch) in diameter have been considered for the progressive
failure analysis finalized to evaluate the hole diameter able to assure the same residual strength of
the 50 joule impact test (138.21 kNN, Table 6).

The following hole standard diameters have been considered sufficient to this investigation:

19.05 mm (3/4 inch), 22.225 mm (7/8 inch), 25.4 mm (1 inch), Figure 88.
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W D =19.05 mm D=22.225 mm D=254 mm

Figure 88: hole diameters investigated

Figure 89 compares the numerical results obtained by the different hole sizes and the experimental
50 J impact test in terms of Reaction Force vs Applied Strain; as expected the predicted stiffness of
the notched coupons doesn’t match that one of the impact test. Table 9 shows the comparison
between the total failure loads of the notched coupons and that one experimental of the 50 J impact
test, (138.21 kN, Table 6): the hole 25.4 mm in diameter well correlates the residual strength of the
50 J impact test. This hole has been assumed equivalent to the BVID (cut-off energy level) of the
28-ply laminate (§ 6.1).
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Figure 89: Reaction vs Applied Strain — laminate 28-ply with holes vs 50 joule impact test

FPF Load | FPF Strain | Total Failure | FAILURE Strain
[kN] [1ee] [kN] [pe]
Hole_ 19.05mm_28-ply 83.54 2266.67 150.87 4466.67
Hole_ 22.225mm_28-ply | 81.59 2266.67 145.55 4733.33
Hole_ 25.4mm_28-ply 79.41 2266.67 141.97 5133.33

Total Failure [KN]
50 J impact test 138.21 -
Hole_ 19.05mm_28-ply 150.87 +9.16%
28-ply laminate
Hole_ 22.225mm_28-ply 145.55 +5.31%
Hole_ 25.4mm_28-ply 141.97 +2.73%

Table 9: numerical TF of notched CAI coupons vs 50 joule impact test

6000
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7 INFLUENCE ON THE CAPABILITY OF A STIFFENED PANEL IN
PRESENCE OF AN IMPACT DAMAGE OBTAINED ON CAI COUPON

According to the new design approaches and criteria illustrated in § 2.2.3, the traditional use for the
design of stiffened panels of the reduced allowable for BVID determined at coupon level, could be
more conservative respect to what really happens in terms of residual strength if the impacted CAI
coupon is part of the skin of a stiffened panel.

At this purpose a FE model of a 2-stringer panel has been built, in which the numerical 50 joule
impact damage induced on 28-ply coupon (§ 6.2.1) has been substituted to an equivalent portion
of the skin of the panel.

The impact damage has been substituted in the middle of the stringer bay as illustrated in Figure 90.

damaged coupon

stiffened panel without
discrete damage

stiffened panel with
discrete damage

Figure 90: 50 joule impact damage introduction into 2-stringer skin panel
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The panel geometry is a portion (stringer bay) of the panel with six stringers of § 5.1, as illustrated

|

in Figure 91.

r— — — 71
L - — |

W ge¢

250 mm

Figure 91: 2-stringer panel

Figure 92 shows the FE model of the panel, and Figure 93 the damaged elements.

Figure 92: FE model of the 2-stringer panel with 50 joule impact damage
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Figure 93: 2-stringer panel — damaged elements

In order to verify the equivalence BVID-hole, as found at coupon level (§ 6.2.3), also the 2-stringer

panel with the central hole 25.4 mm in diameter has been considered, Figure 94.

=

Figure 94: 2-stringer panel with central hole 25.4 mm in diameter
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PFA analyses have been executed on the 2-stringer panel, according to the design criteria of § 2.2.3,
in order to

- verify that the equivalence between the impact damage and the hole illustrated in § 6.2.3
remains valid also at panel level;

- compare the residual strength of the stiffened panel designed with reduced design allowable
obtained at coupon level (50 joule/cut-off energy level), with that one of panel if the
impacted CAI coupon is part of it at the middle of the stringer bay;

- further locations in the skin of this impact damage have been considered (very close to the
cap of the stringer, under the cap of the stringer and at the edge of the cap of the stringer), in

order to evaluate the residual strength of the panel for different damage scenarios.

The FE models are characterized by pristine mechanical strength properties of the material (no

degradation for BVID, temperature, moisture and B-basis statistical reduction): €, = 6870 ue

(Table 6).

7.1.1 Comparison impact damage — hole at panel level

The PFA has been performed on the 2-stringer panel with discrete damage of Figure 93, and on that
one with the central hole 25.4 mm in diameter of Figure 94.

Figure 95 compares the Reaction Force vs the Applied Strain for the two panels and Table 10 shows
the comparison between the total failure loads: the values are practically coincident (the difference
is only 1%).

This result confirms that also at panel level, more complex structure, the hole 25.4 mm in diameter
is equivalent in terms of collapse load to the 50 J impact damage, as already verified at coupon level

(§ 6.2.3).
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——2-Stringer_impact A 2-Stringer_impact_FPF X 2-Stringer_impact_TF
——2-Stringer_Hole_25.4mm A 2-Stringer_Hole_25.4mm_FPF X 2-Stringer_Hole_25.4mm_TF
FPF Load FPF Strain | Total Failure | FAILURE
[kN] [pe] [kN] Strain [ps]
2-Stringer_impact 339.54 2433.41 567.88 4315.82
2-Stringer_Hole_25.4mm 265.62 1931.87 573.48 4480.95

Figure 95: Reaction vs Applied Strain — 2-Stringer panel — impact damage vs hole 25.4 mm

Total Failure [KN]
50 J CAI in the skin 567.88 -
2-Stringer panel
Hole_ 25.4mm 573.48 -1%

Table 10: 2-Stringer panel — TF load comparison

7.1.2 Design at panel level

The traditional design approach of the 2-stringer panel is based on the use of the material design
value in compression degraded for BVID using results obtained at coupon level (bottom level of the
building block approach, Figure 2), in addition to the degradations for temperature, moisture and B-
basis statistical reduction.

Regarding only the degradation for BVID, for the selected laminate the compressive allowable
obtained by CALI tests in presence of the BVID (dent depth: 0.8-1 mm, § 2.1.1) or of the induced

impact damage obtained at the cut-off energy level of 50 joule, is assumed as compressive design
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value of the stiffened panel: the whole panel is considered uniformly damaged instead of
considering a discrete damage model.
But according to the results illustrated in Figure 95 of § 7.1.1, the final failure strain of the 2-
stringer panel, obtained by substituting the induced impact damage, obtained at coupon level, with
an equivalent portion of its skin (discrete damage model),

- in the middle of the stringer bay,

- and with the pristine material strength properties,

is resulted 4270 ],1/81, and therefore higher than the design value used by the traditional design.

In detail, according to the CAI test results of Table 6 (§ 6.1), the longitudinal compressive strain
(gcu) based on the results of the CAI tests is resulted equal to 3710 pe (50 J, cut-off energy level)
against the value of 6870 pe (pristine value). Consequently, the design of the 2-stringer panel
assuming it uniformly damaged and with a material design value for compression, €, equal to 3710
ue, as expected by the traditional design approach, can lead to a not efficient structure in terms of
weight and/or load carrying capability with respect to consider the material design value equal to
4270 ue (+15%): this is the real residual strength of the stiffened panel with the discrete impact
damage inserted in the skin.

Figure 96 summarises the above conclusions.

Ecu (LLe)

UDA panel Discrete Damage Model Traditional design approach (Ksvin) by CAI

6870 4270 |— 3710

Y

real residual strength of the panel

¢

more efficient panel design

¥

lower weight and/or higher load carrying capability

Figure 96: design implications for the 2-stringer panel

" This value is the analytical value. It has been evaluated as ratio between the experimental collapse load 567.88 kN and
the analytical value EA of the panel.
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A measure of the low weight reduction achievable can be appreciated considering that according to
Figure 27 (weight vs compressive design value, § 3.2.2), the above panel designed by using as
design value 4270 ue, should have a weight lower of about 9% than that one obtained by going to
resize the panel but using the traditional allowable based on the material design value in

compression degraded for BVID by using results obtained at the coupon level, 3710 pie.

In addition to consider the impact damage in the middle of the stringer bay, also other different skin
locations of this damage have been considered:

- under the cap of the stringer,

- at the edge of the cap of the stringer,

- very close to the cap of the stringer,

in order to evaluate the final capability of the panel for different damage scenarios.

Figure 97 illustrates a scheme of the different damage scenarios and Figure 98 the corresponding

FE models.

¥ ¥

position_1 position_2

¥ ¥

position_3 position_4

Figure 97: scheme of the impact damage locations
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position_1 position_2

position_3 position_4

Figure 98: FE models — different damage locations

Figure 99 compares the Reaction Force vs the Applied Strain for the different damage locations.

The results of the PFA performed for all the four damage locations are very close to each other.

The least critical cases are obtained for the impact_pos_1 (damage in the middle of the stringer bay)
and impact_pos_2 (under the cap of the stringer): the TF loads are practically coincident. The
lowest residual strength of the panel, most critical case, is that one corresponding to the damage

located at the edge of the cap of the stringer (impact_pos_3).
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FPF Load FPF Strain Total Failure FAILURE
% % % ) %
[kN] [pne] [kN] Strain [pe]
impact_pos_1 339.54 - 2433.41 - 567.88 - 4315.82 -
impact_pos_2 339.93 0.11% 2433.41 0% 562.54 -0.94% | 4377.91 1%
impcat_pos_3 339.79 0.07% 2433.41 0% 542.04 -4,55% | 4124.45 -4%
impcat_pos_4 339.68 0.04% 2433.41 0% 558.51 -1.65% | 4198.17 -3%

Figure 99: Reaction Force vs Applied Strain — for different damage locations

According to the above results, independently from the position of the impact damage in the skin of
the panel, the residual strength of the 2-stringer panel with discrete damage, is always higher than
that one obtained by the traditional design approach (3710 pe), based on the use of the material
design value in compression degraded for BVID using results obtained at the coupon level (panel
uniformly damaged). The lower value of the analytical failure compressive strain is that one related
to the position_3, 4075 ue, +10% with respect to 3710 pue.

According to Figure 27 (weight vs compressive design value, § 3.2.2), the above panel designed by
using as design value 4075 ue, should have a weight lower of about 4% than that one obtained by

going to resize the panel but using as design value 3710 L.
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8 CONCLUSIONS AND FUTURE DEVELOPMENTS

This work has investigated new design criteria and approaches finalised to obtain composite
stiffened panels lighter than those ones obtained by the traditional design approach for civil aircraft
applications. In particular the work has evaluated the amount of the weight reduction that can be
obtained releasing some traditional limitations and constraints used with the traditional design

approach.

The design by supposing the presence of SHM systems has revealed that weight reductions are
achievable thanks to the information given from this kind of systems. Consistent reductions could
be obtained for the wing stiffened panels sized at strength instead of those ones critical at buckling.
The work has also furnished the design requirements for the SHM systems in terms of which parts

of the stiffened panel is necessary to monitor in order to obtain relevant weight reductions.

The application of the progressive failure analysis methodology has shown the effectiveness of this
methodology to predict the real mechanical behaviour of the stiffened panels, demonstrating to be a
valid design tool to investigate new design approaches by evaluating the residual strength of panels
with discrete damages.

The analyses of the stiffened panels with impact discrete damages, simulated by holes 1/4 inch in
diameter as suggested by design guidelines for the preliminary design phase, have given useful
indications about the sensitivity of the residual strength of the panels respect to the densities of
damages and different damage locations. These results will be useful tools to support in the future
new design approaches. The results of the PFA have been obtained on two different stiffened panels
with discrete damages: one panel critical at strength and the other one with buckling load lower than
the failure load. Significant potential weight reductions, up to 30%, have been found respect to the
traditional design. Further, the PFA has shown also the influence of the damage scenarios on the

buckling onset and its shape.

CAI tests executed on the two laminates selected in this work, have shown that the hole 1/4 inch
(6.35 mm) in diameter is representative of a less critical damage respect to the BVID. By means of

the PFA, the hole equivalent to the BVID is resulted 1 inch in diameter.

The traditional use for the design of stiffened panels of the reduced allowable for BVID determined

at coupon level, is resulted conservative respect to what really happens in terms of residual strength
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if the impacted CAI coupon is part of the skin of a stiffened panel. The impact damage induced on
coupon has been substituted to an equivalent portion of the skin of a 2-stringer stiffened panel; the
residual strength of the panel is resulted higher of at least 10% respect to the traditional design and

with a weight reduction of at least 4%.

For further impacts on the design process it is necessary in the future to enlarge the application of
the progressive failure analysis considering

¢ more different hole diameters,

e different damage maps (with holes also on the web of the stringers),

e different layups and thicknesses,

e the presence of delaminations and skin-stringer disbondings,

and validate the numerical results with a dedicated test campaign.
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APPENDIX A: POST-BUCKLING ANALYSIS IN HYPERSIZER®

Figure 100 illustrates a typical load-strain curve for linear analysis and nonlinear analysis in post-
buckling regime, by using Hypersizer® code. In this example, local buckling occurs at just under
50% limit load indicated by the orange triangle. From this point, the linear curve continues in a
straight line until the failure is indicated with the blue star. In reality, the panel goes into post-
buckling and the load-strain curve follows the black curve. The predicted failure along this curve is

at the location of the red star which is substantially lower than the linear failure prediction.

/ Postbuckling Failure

/ Applied Limit

/ A Local Buckling
== Pre-Buckling
= Non-linear postbuckling
= = Linear Postbuckling

Strain

Figure 100: typical load-strain curve for nonlinear analysis in post-buckling regime

The main key features of the local post-buckling method implemented in Hypersizer® are the
following ones:
- the margins of the panel in post-buckling regime are based on load redistribution into the
remaining stable cross section;
- evaluation of the “Effective Width” at collapse (portion of panel that is capable of carrying
post-buckling loads) to evaluate new ABD stiffness matrixes of the panel, Figure 101;
- the load in the “non-effective” part of the panel is held at the initial buckling load and the

“effective” portion of panel carries additional load.
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Sliffener Spacing

. . Non-Effective
|<_ Effective Width _,I.E _

load in effective portion o
panel increases during
postbuckling

buckling

Figure 101: effective width of the panel

The “effective width” is found by the iteration.

Load in non-effective portion
of panel willremain constant
afterinitial (bifurcation}

At any load level below local buckling, the panel effective width is equal to the stiffener spacing.

However, as the panel begins to postbuckle, the effective width becomes smaller and smaller, as

illustrated for example in Figure 102.

Effective ’
Width *°

6
55
5 -
45
4
35

3

2.5 1

Local Buckling Applied Limit  Applied Ultimate Failure

Figure 102: effective width of the panel vs load

Load
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